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PROJECT GEMINI

A TECHNICAL SUMMARY

INTRODUCTION

Project Gemini was begun in November 1961 by the National Aeronautics
and Space Administration as a follow-on program to Project Mercury, NASA's
first manned space flight program. The Gemini program wes concluded ahead
of schedule and below anticipated costs in November 1966 after the successful
flights of two unmanned and ten manned spacecraft. The McDonnell Company was
the prime contractor for both Mercury and Gemini.

The Mercury program, in which the last of six manned space flights was
made in May 1963 demonstrated that spacecraft could be launched on precise
schedules, and could safely orbit the earth, re-enter, and land. Gemini
showed that man could survive long periods in space and that spacecraft could
rendezvous and dock with a target vehicle in space and could use the target
vehicle's propulsion system to achieve a new orbit.

Thus, Gemini achieved all its goals (Table 1) to pave the way for the
Apollo flights and for other space programs, such as the Air Force Manned
Orbiting Laboratory.

MODULAR DESIGN CONCEPT

Gemini's modular system design, which replaced Mercury's stacked system
concept, simplified construction, testing, and operation of the spacecraft.
Moduler design permitted virtually independent design, qualification, and
system checkout. Reliability analysis was possible without the complications
of interacting influences of associated systems.

Spacecraft 7/6 mission, hailed as one of the high points of the program,
was made possible because launch crews were able, despite a tight time
schedule, to remove the rendezvous and recovery section (R & R) of Spacecraft T -
and modify it for tracking by Spacecraft 6. Another example of the effective-
ness of the modular design was the Gemini XIT mission which was totally
changed and replanned within two weeks.

Gemini system design was simplified by extensive use of manual sequencing
and systems management, utilizing the astronaut's ability to diagnose failures
and to take corrective action.

4;{
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TABLE 1 GEMINI SPACECRAFT FLIGHT HISTORY

MISSION TYPE LAUNCHED MAJOR ACCOMPLISHMENTS MISSION TYPE LAUNCHED MA JOR ACCOMPLISHMENTS
GEMINI | UNMANNED |8 APR. 1964 |DEMONSTRATED STRUCTURAL GEMINI VIII| MANNED 16 MAR. 1966 | DEMONSTRATED RENDEZVOUS AND
64 ORBITS INTEGRITY. 3 DAYS DOCKING WITH GATV, CONTROLLED
RENDEZVOUS LANDING, EMERGENCY RECOVERY,
GEMINI 1} UNMANNED 19 JAN. 1965 |DEMONSTRATED HEAT PROTECTION AND DOCK MULTIPLE RESTART OF GATV
SUBORBITAL AND SYSTEMS PERFORMANCE, (TERMINATED IN ORBIT. SPACECRAFT MISSION
IN REV. 7) TERMINATED EARLY DUE TO
GEMINI It MANNED 23 MAR.'1965 |DEMONSTRATED MANNED QUALIFICA- ELECTRICAL SHORT IN CONTROL
3 ORBITS TIONS OF THE GEMINI SPACECRAFT. SYSTEM.
GEMINI IV |MANNED 3 JUNE 1965 |DEMONSTRATED EVA AND SYSTEMS |GEMIN! IX | MANNED 3 JUNE 1966 | DEMONSTRATED THREE RENDEZVOUS
4 DAYS PERFORMANCE FOR 4 DAYS IN 3 DAYS TECHNIQUES. EVALUATED EVA WITH
SPACE. RENDEZVOUS DETAILED WORK TASKS. DEMONSTRATED
- AND DOCK, PRECISION LANDING CAPABILITY.
GEMINI V MANNED 21 AUG. 1965 |DEMONSTRATED LONG-DURATION AND EVA
8 DAYS FLIGHT, RENDEZVOUS RADAR
CAPABILITY, AND RENDEZVOUS GEMINI X MANNED 18 JULY 1966 { DEMONSTRATED DUAL RENDEZVYOUS
MANEUVERS. 3 DAYS USING GATY PROPULSION FOR
- RENDEZVOUS DOCKED MANEUVERS. DEMONSTRATED
GEMIN! VI MANNED 25 OCT. 1965 |DEMONSTRATED DUAL COUNTDOWN AND DOCK, REMOVAL OF EXPERIMENT PACKAGE
2 DAYS PROCEDURES (GATV AND GLV- AND EVA FROM PASSIVE TARGET VEHICLE DURING
RENDEZVOUS SPACECRAFT), FLIGHT PERFORM- | EVA. EVALUATED FEASIBILITY OF
(CANCELLED ANCE OF TLV AND FLIGHT READI- USING ONBOARD NAVIGATIONAL TECH.
AFTER GATY NESS OF GATY SECONDARY PRO- NIQUES FOR RENDEZVOUS.
FAILURE) PULSION SYSTEM. MISSION CAN-
CELED AFTER GATV FAILED TO GEMINI X1 { MANNED 12 SEP. 1966 | DEMONSTRATED FIRST-ORBIT REN-
ACHIEVE ORBIT. 3 DAYS DEZVOUS AND DOCKING. EVALUATED
RENDEZVOUS EVA, DEMONSTRATED FEASIBILITY
GEMINI VII |MANNED 4 DEC. 1965 DEMONSTRATED 2.WEEK FLIGHT AND AND DOCK, OF TETHERED STATION KEEPING.
14 DAYS STATION KEEPING WITH GLV STAGE AND EVA DEMONSTRATED AUTOMATIC RE-ENTRY
RENDEZVOUS tl; EVALUATED *“*SHIRT SLEEVE" CAPABILITY.
ENVIRONMENT; ACTED AS RENDEZ.
YOUS TARGET FOR SPACECRAFT 6; GEMINI X1l | MANNED 11 NOV. 1966 | DEMONSTRATED OPERATIONAL
AND DEMONSTRATED CONTROLLED 4 DAYS CAPABILITY TO PERFORM COMPLEX
RE-ENTRY WITHIN 7 MILES OF RENDEZVOUS AND LONG-DURATION EVA WITH NO
PLANNED LANDING POINT, AND DOCK, NOTICEABLE ASTRONAUT FATIGUE.
- AND EVA (THREE SEPARATE EVA OPERATIONS
GEMINI VI—AIMANNED 15 DEC. 1965 [DEMONSTRATED ON-TIME LAUNCH TOTALLED ABOUT 5.5 HOURS.)
1 DAY PROCEDURES, CLOSED-LOOP

RENDEZVOUS CAPABILITY, AND
STATION KEEPING TECHNIQUES
WITH SPACECRAFT 7.

EVA - EXTRAVEHICULAR ACTIVITY

GATY — GEMINI-AGENA TARGET VEHICLE

GLV - GEMINI LAUNCH VEHICLE
TLY - TARGET LAUNCH VEHICLE




SAFETY FIRST

The Gemini program stressed safety. As & result the ten manned Gemini
Spacecraft flew a total of 969 hr and 56 min without an injury to any of
the 16 crewman. All crewmen were recovered in excellent physical condition.

Major Spacecraft Safety Features
Inertial Guidance System. ~ The spacecraft inertial guidance system (IGS)

serves as a back-up to the launch=-vehicle guidance system during the launch
phbase. (See GUIDANCE AND CONTROL SYSTEM, page 110.)

EJection Seats and Retro-rockets. - Ejection seats and retro-rockets
provide escape modes from the launch vehicle during the prelaunch and the
launch phases. (See ESCAPE, LANDING AND RECOVERY SYSTEMS, page 208 and
Retrograde Rocket System, page 156.)

Secondary Oxygen Bottles. - Two secondary oxygen bottles are provided,
either of which will support the crew for one orbit and re-entry, if the
primary oxygen supply is lost. All other flight safety components in the
environmental control system (ECS) are redundant. (See ENVIRONMENTAI CONTROL
SYSTEM, page 157.)

Visual Aids. ~ In the event that a loss of reference of the guidance
platform should occur, the crew can control re-entry using out-the-window
visual aids.

Re-entry Control System. ~ The re-entry control system (RCS) is completely
redundant. It is composed of two identical but independent systems, either
of which can be used to control the vehicle through re-entry. These systems
are sealed with zero-leakage valves until they are activated shortly before
retrograde. (See Re-entry Control System, page th.)

Drogue Parachute. - A drogue parachute, which is normally deployed at
50,000 £t altitude after re-entry, backs up the RCS for stability until the
main parachute is deployed. (See ESCAPE, LANDING AND RECOVERY SYSTEMS,

page 208.)

BEjection Seats. - EJection seats provide an escape mode if the recovery
parachute fails to deploy or is damaged.

BASIC OBJECTIVES

Basic Objectives Of Gemini And How They Were Met

Continuous Program at Minimmm Cost. - To provide a continuation program
of manned space flight objectives at minimum cost with major milestones to be




complete as soon as practical. Gemini was completed months ahead of the
schedule that was estimated in early-1963. Spacecraft 2 through 12 each was
delivered at least a month ahegd of schedule.

Rendezvous, Docking and Maneuvering. - To rendezvous and dock with a
second orbiting vehicle and then perform combined maneuvering. Rendezvous
was first achieved by Spacecraft 6; Spacecraft 8 was the first to dock.
Maneuvering in orbit using the Agena Target Vehicle was first achieved by
Spacecraft 10.

Iong Duration Missions. - To expose two astronauts and their life support
systems to long-duration missions to prepare for future earth orbit and lunar
flights. Spacecraft 5 remeined in orbit for 8 days and Spacecraft 7 remained
in orbit for 14 days, demonstrating man's capability in & space environment.
The Apollo lunar trip is expected to take eight days.

Precision Re-entry, Landing, and Recovery. - To develop and exercise
precision re-entry, landing, and recovery of manned spacecraft. From
Gemini VI on, all spacecraft landed within seven miles of the aiming point.
The last five Gemini Spacecraft came down within three mliles of the target.
All landings were made in the ocean. However, early designs had provided for
land landings, but the rate of technological development for such landings
did not keep pace with the remainder of the program so that the land landing
capability for the spacecraft was subsequently abandoned.

Extravehicular Activity. - To undertake extravehicular activity to
evaluate man's ability to perform tasks in a zero g environment. Although
EVA was not an original objective of the Gemini program, it was made possible
by the design of personnel hatches with mechanical latches which enabled the
astronauts to open and close the hatches manually. Astronauts on Spacecraft U,
9, 10, 11, and 12 performed EVA.

Scientific Investigations. = To utilize the Gemini Spacecraft as an
experimental test platform for scientific investigations, including photog-~
rephy, biomedical experiments, communications, navigation, meteorology, etc.
Experiments were carried on all manned Gemini Spacecraft.

STRUCTURES

SPACECRAFT DESCRIPTION

The Gemini Spacecraft, designed to provide life support for two orbiting
astronauts, is a TOOO 1b conical structure 18.82 ft long and 10 £t in diameter
at its base. It is composed of two major assemblies, a re-entry module and
an adepter module. Both structural bodies are all metal, of stressed skin
and semimonocoque construction. In addition, the re-entry module is designed
to withstand the extreme heat of re-entry. The general arrangement of the
Gemini Spacecraft is shown in Fig. 1.

4
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FIGURE 1 SPACECRAFT GENERAL ARRANGEMENT

The methods of construction and the materials used exemplify the care
shown by McDonnell engineers to guarantee high strength-to-weight ratios. The
requirement of heat resistance led to the choice of titanium and magnesium as
the principal metals used in spacecraft fabrication. High-strength titanium
bolts (Ti-6A1l-4V) were used extensively; titanium was also used for the rings,
stringers, interior skin, and bulkheads of the re-entry module. Aluminum was
used inside the cebin where temperatures are not structurally critical.

Stringers and longerons were spaced around the circumference of the shell
to carry nearly all axial and bending loads and to stiffen the framework. To
protect against distortion to large, thin gauge panels, chemical milling
rather than mechanical milling was employed.



For ease in identifying particular areas, the spacecraft is cut by two
reference planes, one running longitudinally from adapter to nose, the other
at right angles to this one.

Iooking forward from the end of the adapter, one may divide a section of
the spacecraft into four quadrants, thus creating four cardinal points -
TY (Top Y) and BY (bottom Y) for the Y axis, and RX (right X) and IX (left X)
for the X axis. A particular location on the circle is measured in degrees
from any one of these points. (Ref Fig. 3)

The Z station locations are measured longitudinally from the rear of the
spacecraft (adapter) and increase in magnitude as one approaches the nose.
For example, the separation point between the re-entry module and the adapter
is station Z 102.00 (in.); the nose of the spacecraft is station Z 239.53
(z 239.28 plus 0.25 in. of ablative material).

Re~entry Module

The re-entry module, shown in Fig. 2, is composed of three primary sec-
tions, the cabin, the re-entry control system (RCS), and the rendezvous and
recovery (B & R) sections. In addition, a heat shield is attached to the aft
end of the cabin sectlon, a nose fairing is fitted to the forward end of the
rendezvous and recovery section, and & horizon sensor fairing is attached on
the left side at the mating point of the cabin and the re-entry control
system.

The R & R section is 4#7.31 in. long including the nose fairing. The
re-entry control system section is 18.00 in. and the cabin section is
70.53 in. long, at the outer edge of the heat shield.

Rendezvous and Recovery Section. - This section houses the rendezvous
radar equipment and the drogue, pilot, and main parachutes. The forward
portion of the R & R section is a truncated cone, while the back portion is
cylindrical. When the spacecraft was to dock with the Agena Target Vehicle,
the R & R section also comprised three docking latch receptacles, a Fiberglas
bumper, and a docking bar. A nose fairing made of Fiberglas~-reinforced
plastic laminate provides thermal protection for the sensitive radar equipment
during the initial portions of powered flight. This fairing is Jjettisoned
approximately 45 sec after ignition of the second stage engine of the launch
vehicle by means of a short-time impulse pyrotechnic actuator. The R & R
section is attached to the re-entry control system section by 24 frangible
bolts. These bolts are tension separated during re-entry by an explosive
strip of mild detonating fuse (MDF) after deployment of the pilot chute.

Re-entry Control System Section. - The RCS section is contained between
the R & R section and the cabin section. This cylindrical section houses
re~entry control system fuel and oxidizer tanks, and thrust chamber assemblies.
In addition to accommodating the re-entry control system, which controls the
spacecraft after the orbit attitude and maneuver system (OAMS) has been
Jettisoned, the RCS section also absorbs the loads induced by the deployment
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of the main parachute. The latter is attached to the parachute adapter
assembly, which is installed on the forward face of the RCS section.

Cablin Section. ~ The cabin section lies between the RCS section and the
adapter assembly. It is a truncated cone, 38.66 in. in diameter at the for-
ward end and 90.00 in. in diameter at the aft end (with the heat shield
attached). It consists of an internal pressure vessel, which is the crew
station for the two astronauts and equipment bays located outside the pressure
vessel. The heat shield, a major structural component of the cabin, is
discussed in Heat Protection, page 13.




A. Internal Pressure Vessel. - The pressure vessel, in addition to housing
the Gemini crew, contains electrical and life support equipment and various
experimental devices. Accessible volume in the crew compartment (with the
crew aboard) is approximately 55 cu ft.

The pressure vessel consists of a fusion-welded titanium frame to
which are attached side panels, a hatch sill, and a fore and aft bulkhead.
The side panels and pressure bulkheads are double thickness, thin-sheet tita-
nium (0.0l in.), with the outer sheet beaded for stiffness.

In addition to fusion welding, resistance spot and seam welding are
employed extensively throughout the pressure vessel to reduce the possibility
of leskage. Individual titanium fusion weldments are made under a controlled
inert gas atmosphere, then strain relieved to obtain a fully structural weld.
Two hatches are hinged to the hatch sill for pilot ingress and egress.

The design of the pressure vessel not only provides an adequate crew
station but also gives the pressure vessel a proper water flotation attitude.
Structural design criteria for the pressure vessel require it to withstand an
ultimate burst pressure of 12 psi and an ultimate collapsing pressure of
three psi.

Two hatches, contoured to the shape of the cabin exterior, are symmet~
rically spaced on the top side of the pressure vessel. Each hatch, hinged on
the outboard side, is manually operated by means of a handle and a mechanical
latching mechanism. In an emergency, the hatches can be opened in a three-
sequence operation employing pyrotechnic actuators. The actuators simulta-
neously unlock and open the latches, open the hatches, and supply hot gases
to ignite the ejection seat rocket catapults.

An external hatch linkage fitting allows a recovery hetch handle to be
inserted to open the hatches from the outside. The recovery hatch handle is
stowed on the main parachute adepter assembly, located on the forward face of
the RCS section. A hatch curtain is stowed along the hinge of each hatch.
When the hatches are opened after a water landing, the curtains help keep
water out of the cabin.

Each hatch incorporates a window, which contains three panes of glass,
with an air space between each pane. The command astronaut's window has two
outer panes of 96% silica glass and an inner pane of tempered aluminosilicate
glass. For improved clarity while carrying out optical experiments, the inner
pane of the copilot's window is a 96% silica panel with an optical transmis-
sion capability of more than 99%. The thickness of this pane has been
increased from 0.22 to 0.38 in. to make it as strong as the aluminosilicate
glass. Each pane, with the exception of the outer pane, is coated to reduce
reflection, glare, and ultraviolet radiation.

The personnel access hatches are of skin and beam construction. Sili-
con rubber seals around each hatch sill and around the two inner panes of
glass prevent the leakage of cabin pressure.



B. Equipment Bays ~ Three major equipment: bays, designed to contain a
variety of electrical and electronic equipment, are outside the cabin pressure
vessel. Two of these bays are outboard of the side panels and one bay is -
beneath the pressure vessel floor. Unlike the Mercury Spacecraft, whieh had
nearly all its systems inside the pressure shell, the Gemini Spacecraft has
most of its system components in these unpressurized equipment bays. These
components either require no pressurization or are internally pressurized.
Since equipment is normally only one layer deep within the compartments,
launch crews can remove an access door, quickly pull out a malfunctioning unit,
ingert a new one, reinstall the access door, and proceed with the launch.

Two main landing gear wells are located below the side equipment bays.
Originally these wells were intended to house equipment for ground landings;
however, this requirement was never put into practice. Consequently, the
wells are used to house additional experiment equipment on some spacecraft; on
other missiong the wells carry ballast or remain empty.

Two structural doors are provided on each side of the cabin to aellow
access to the side equipment bays. The two main landing gear wells also have
doors. On the bottom of the cabin, between the landing gear doors, two
additional access doors are installed. The forward door allows access to the
lower equipment compartment and the aft door provides access to the environ-
mental control system (ECS) compartment.

C. Hoist Loop - A spring-loaded hoist loop, located near the heat shield
between the hatch openings, is erected after landing to engage a hoisting
hook for spacecraft retrieval.

Adapter Module

The adapter module extends from the end of the re-~entry module heat
shield to the spacecraft launch vehicle mating line. A truncated cone, the
adapter assembly consists of three sections: the retrograde section, the
equipment section, and the launch-vehicle mating section. The entire assembly
is 90.00 in. long with & forward diameter of 88.30 in. and an aft diameter of
120.00 in. It contains the systems and equipment needed on long-duration
orbital flights and provides the interface between the spacecraft and the
launch vehicle. The basic adapter structure is illustrated in Fig. 3 and k4.

The adapter structure consists of circumferential aluminum rings,
extruded magnesium alloy stringers, and a magnesium skin. The free end of
the T-shaped stringers is a tube. Liguid coolant flowe through this tube and
transfers heat to the adapter skin for radiation into space.

The adapter is Jjoined to the re-entry module by three titanium retaining
straps external to the structure of both the re-entry module and the adapter
section. Pyrotechnic separation rings are provided between the retrograde and
the equipment sections, and between the equipment end the launchevehicle

"mating sections.
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Retrograde Section. - At the small end of the adapter module is the
retrograde section, 30 in. in length. The primary function of the retrograde
section is to support the four retrograde rockets and six of the OAMS thrust
chamber assemblies. To support the retrograde rockets, aluminum I-beams are
assembled as & cruciform, with one retrograde rocket mounted in each quadrant.

Prior to retrofire a flexible linear-shaped charge cuts the adapter,
separating the equipment from the retrograde section. After retrofire the
three titanium retaining straps are cut by three flexible linear-shaped
charges, severing the re-entry module from the retrograde section. These
retaining straps are located to coincide with wire bundles and fluid lines,
which are also cut by the shaped charges, thus minimizing the number of
charges required.

Equipment Section. - The equipment section, which comprises the larger
end of the adapter module, provides the space and the attach points for four
major system modules, plus individusl components. The four principal modules
mounted in the equipment section are the orbit attitude and maneuvering sys-
tem (OAMS) propellant tanks, the fuel cell (or battery) module, the environ-
mental control system (ECS) primary oxygen supply, and the electronics module.
These four modules are independent of one another, but their support panels
end an access door combine to form a blast shield. This shield. protects the
equipment section and the dome of the Titan launch vehicle from excessive
(explosion~-causing) heat if it is necessary to fire the retro-rockets in an
abort.

In addition to the four principal equipment modules, this section also
houses the coolant supply, the water storage tanks, and ten OAMS thrust
chamber assemblies. A gold deposited Fiberglas temperature control cover over
the open end of the adapter protects the equipment from solar radiation after
separation from the launch vehicle.

Mating Section. = The spacecraft is mated to the Titan II launch vehicle
by a forged and machined aluminum alloy ring, 120 in. in diemeter. This ring,
epproximately three in. wide, is Jjoined to the launch vehicle mating ring by
20 bolts. The launch vehicle mating ring has four index marks, spaced at
90 degree intervals (at TY, BY, RX, and IX of the adapter), to insure proper
alignment between the spacecraft and the launch vehicle. A flexible linear=-
shaped charge is fired to sever the adapter section approximately 1-1/2 in.
above the spacecraft/launch vehicle mating point.

Heat Protection

During re-entry the spacecraft flies with the heat shield forward. This
protects the forebody of the re-entry module from excessive heat flux during
this critical mode. The rest of the spacecraft body is protected by two kinds
of heat resistant shingles, Rene 41 and beryllium.



Heat Shield. - The heat shield is a dish-~shaped structure that forms the
large end of the re-entry module. The heat shield is an ablative device which
protects the re-entry assembly from the extreme heat of re-entry into the
earth's atmosphere. It is attached to the aft end of the cabin section by
eighteen 0.25-in.-diemeter bolts. Ninety inches in diameter, the shield has
a spherical radius of 144 inches.

The ablative substance of the Gemini heat shield is a paste-like material
which hardens in standard atmosphere after being poured into a honeycomb form.

Starting with a load-carrying Fiberglas sandwich structure consisting of
two 5-ply faceplates of resin-impregnated glass cloth separated by an 0.65 in.
thick Fiberglas honeycomb core, an additional Fibergles honeycomb is bonded
to the convex side of the sandwich and filled with Dow=-Corning DC-325 silicone
elastomer. The extreme edge of the heat shield is a circular Fiberite ring.

It is interesting to note that the basic ablative substance of the heat shield,
developed by the McDonnell Company, is now being produced for commercial
applications.

Heat Resistant Shingles. - These overlapping Rene 41 and beryllium
shingles, which provide both aerodynamic and heat protection, also hold shaped
pads of flexible insulation in place. The beaded (corrugated) Rene 41 shingles
(0.016 in. thickness) on the sides of the cabin are composed of 53% nickel,

19% chromium, 11% cobalt, 9.75% molybdenum, 3.15% titanium, 1.6% aluminum,
0.09% carbon, 0.005% boron, and less than 2.75% iron. The shingles are
identical in composition and menufacturing technique to those used on Mercury.
Extra large holes at the attachment bolts allow the shingles to expand during
aerodynamic and solar heating. Oversized washers cover these holes to minimize
heat and air penetration.

The R & R and RCS section surfaces are unbeaded shingles of cross-rolled
beryllium. The plate is supplied to McDonnell in several sheet sizes ranging
in thickness from 0.300 in. to 0.555 in. Shingles are finished by McDonnell
to thicknesses, depending on spacecraft location, of 0.090 in. to 0.280 in.
The shingles are attached to the spacecraft by beryllium retainers fabricated
from similar plates.

Beryllium shingles used on Project Mercury were fabricated from hot-
pressed beryllium blocks. The requirements for Gemini rendezvous flights
were almost twice the strength and impact resistance available with hot-
pressed beryllium blocks and this was provided by the cross-rolling technique.

Under the beryllium shingles are Thermoflex RF blankets held in place by
e titanium mesh attached to the stringers. The outer surfaces of the rings
and stringers are insulated with 0.0015 in. Inconel-foil-encased Min-K in
Fiberglas channels.

Both Rene 41 and beryllium shingles are coated on the outer surface with
8 blue-black ceramic paint, to permit high thermal radiation from the space-
craft, The inner surface of the beryllium shingles has a very thin gold coat-
ing to attenuate thermal radiation into the spacecraft. The outer surface of
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the adapter module is coated with white ceramic paint and the inner surface
is covered with alumimum foil to reduce emissivity. The heat protection

devices are pictured in Fig. 5.
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Failure Summary And Anslysis

No structural fallures occurred during development or qualification
testing. However, a change was incorporated in Spacecraft 6 and up as the
result of an anomaly on Gemini IV in the hatch manual control mechanism. This
mechanism change is illustrated in Fig. 6. The pinion drive shaft, which
works the hatch latch linkages when the manual handle is operated, is driven
by engagement of drive and gain pawls in a ratchet configuration. The auto-
matic return of drive and gain pawls failed to operate positively due to
frictional effects. This necessitated manual operation of the selector in
Gemini IV. The efficiency of this mechanism has been greatly increased by
reducing frictional effects and by increasing the return mechanical advantage
by a factor of 10.

Furthermore, a sewtooth "gain hold" device is now installed on the hatch
8ill for use with t he hatch closing device, to assist in holding the hateh
closed against seal pressure Jjust prior to the latching operation.

The redesigned manual control mechanism was satisfactorily endurance
tested in temperature and pressure enviromments for over 1000 cycles.

Also, after re-entry of Spacecraft No. 2 localized heating was apparent
in one area. Two small holes were burned in the shingles due to air flow
around one of the umbilical fairings. To reduce localized heating the fairing
was reconfigured, the affected shingles were increased in thickness to .025 in.
and the angle of attack was lowered.

STRUCTURAL QUALIFICATION TEST FPROGRAM

Most of the major Gemini structural and structural dynamic tests were
performed between July 1963 and April 1965 on static No. 3 and static No. k
test articles. Other representative static test articles were used to test
the rendezvous and recovery section (R & R) and re-entry control system (RCS)
section.

Structural Test Vehicles And Testing

Test Vehicles. -~ In addition to bullding twelve flight articles and seven
target docking adapters, McDonnell was responsible for the manufacture of six
boilerplate spacecraft and four static articles, plus static adapters and
miscellaneous test vehicles. A brief description of these major test vehicles
and their history 1s included here.

A. Boilerplate Re-entry Vehicles:
1. Boilerplate No. 1 ~ Boilerplate No. 1 was & steel mock-up of the

re-entry module which was used primarily in parachute development testing.
Ballast was installed to simulate spacecraft weight and cg. After fabrication
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at the McDonnell plant, the unit was shipped to Northrop-Ventura on 31 July
1962 and was thereafter assigned to North American Aviation for testing. The
unit was destroyed on 30 July 1963 while undergoing drop tests at El Centro,
California.

2. Boilerplate No. 2 - Boilerplate No. 2 was a welded steel mock-up
of the pressurized cabin corresponding closely to the flight article in shape
and volume. It was used for functional evaluations of the gaseous oxygen
components of the environmental control system (ECS) under simulated mission
enviromments; the effects of solar radiation and equipment heat exchange were
especially significant. A complete ECS and related crew station controls were
installed. The ECS was instrumented to record and evaluate gsystem performance
during normal and secondary modes of operation. Test conditions simulated
regular mission phases as well as failures and other abnormal operations
including crewman "ejection" during the prelaunch and the re~entry modes.

Boilerplate No. 2, with its complete ECS installed, was first used
in evaluation testing in the McDonnell lsboratory. On 9 April 1963, it was
shipped to MSC, Houston, for further tests at that site.

3, Boilerplate No. 3 - Boilerplate No. 3 was a welded steel mock-up
of the re-entry module, aerodynamically similer to the flight article. The
boilerplate was utilized for ejection seat development sled runs. It
contained the two seats, the seat rails, and the seat actuating mechanisms.

A removable fairing simulated the adapter retrograde section. Boilerplate
hatches were of the correct shape, but were fixed in the open position because
no hatch sequencing tests were intended.

Boilerplate No. 3 was shipped to Weber Aircraft in July 1962. The
first sled drag run took place on 9 November 1962, when extensive damage to
the vehicle occurred due to the failure of one of the pusher sled rockets.
The unit was subsequently repaired and utilized in further sled testing.

k., Boilerplate No. 3A - Boilerplate No. 3A had essentially the same
structure as No. 3, modified by the instellation of a production large pressure
bulkhead, a seat rail torque box, two hatch sills, two side panels, two
"1ight" hatches, and two flipper doors.

The unit wes subjected to hatch firing functional tests at the
McDonnell laboratory prior to delivery to Weber Aircraft. At Weber it under-
vent escape system qualification tests, comprising both SOPE (simulated off-
the-pad ejection) tests and sled runs. Complete pyrotechnic system tests and
sequencing were included in the program. These tests were performed at Weber
during the greater part of 1964 and continued into the first months of 1965.

5. Boilerplate No. 4 - Boilerplate No. 4 was built by Weber Aircraft
and delivered to McDonnell on 21 October 1963. Of aluminum skin and stringer
construction, it was designed to carry ballast adjusted to the weight, cg and
moment of inertia of a production spacecraft. The original intent was to
utilize this boilerplate in evaluating the skid landing gear. These tests
were deleted, however, when the ground landing mode was scrubbed for the
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‘entire Gemini progrem. Instead, boilerplate No. 4 was used in a series of
drop tests at the McDonnell facility.

6. Boilerplate No. 5 - A welded steel mock-up of the re-entry module,
boilerplate No. 5 was designed for use in the Gemini parachute development
program. It contalned provisions for ballast to simulate spacecraft weight
and cg. The unit was shipped to Northrop-Ventura on 31 August 1962, and
employed in parachute testing. Subsequent to these tests, boilerplate No. 5
was refurbished and converted into static article No. 4A (18 September 1964),
in which capacity it was"utilized in high-altitude-drogue qualification tests
along with its counterpart, static article No. T.

B. Static Re-entry Vehicles:

1. Static No. 1l - Static article No. 1 was cancelled by agreement
between McDonnell and the NASA; however, its re-entry module and adapter were
reassigned to Spacecraft 3A.

2. static No. 2 - Static No. 2 was intended to be a manned re-entry
module designed specifically for qualifying the NAA Paraglider. The unit was
cancelled when the paraglider was deleted from the program.

3. Static No. 3 ~ Static article No. 3 consisted of a complete re-entry
module of the early paraglider configuration and an adapter module. The
principal difference between it and the standard re-entry vehicle was the
addition of the paraglider torgque box structure, located between the hatches.
(This torque box could accommodete parachute fittings, enabling the vehicle
to be employed in either the paraglider or the parachute configuration.) The
unit was delivered to the NASA on 15 May 1963. Static tests for this vehicle
included landing conditions, parachute support structure tests, launch, abort,
re-entry and heat shield back~-up structure tests. For the launch and abort
tests the Martin No. 2 adaepter was mated to the re-entry module. Following
the completion of its test program, stetic article No. 3 was reassigned to
the Manned Orbital Laboratory (MOL) program for testing.

k. Static No. 4 - Static article No. 4 has the same structural config-
uration as No. 3 except that in addition it contained dummy equipment to
simulate the mass and cg of the flight article. This vehicle was designed to
undergo dynamic response tests, tests of the seat and hatch back-up structure,
and ultimate pressurization tests. In addition, hoist loop and support tests
and water drop tests were performed. The unit was delivered on 18 April 1963.
After completion of the test program, this vehicle was reassigned to the
MOL program.

5. Static No. 5 - Static article No. 5 had a complete re-entry vehicle
structure (i.e., no adapter) and was designed for flotation stability tests
and as an egress trainer. All equipment exterior to the pressure vessel and
eritical to flotation was caerefully simulated to assure the.proper water
flotation attitude. In addition, ballast was installed to simulate the
correct weight and cg as incorporated into the Spacecraft 3 configuration,
the program's first manned vehicle.
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The water flotation tests were successfully completed at the
McDonnell facility and the unit was subsequently modified to the egress
trainer configuration. This modification included the installation of those
systems normally operative at splashdown - i.e,, & partial ECS and communica-
tions system. All inoperative equipment exterior to the pressure vessel was
slmulated in this configuration; ballast to simulate correct weight and cg
was also provided. The pressure vessel contained dummy ejection seats, a
partially operative instrument panel and operating recovery equipment. Provi=-
sions for the installation of landing gear were included, although the gear
was never installed. At the completion of the modification, the unit was
delivered to the NASA for egress training.

6. Static No. 6 - Static No. 6 was to have been a back-up vehicle to
static No. 2, but was cancelled with deletion of the paraglider.

T. Static No. 7 - Static article No. 7 consisted of a boilerplate
pressure vessel and heat shield and a production RCS section and an R & R
section. Since the function of this unit was to qualify the parachute
recovery system, no adapter module was Iincorporated. However, all systems
required to completely qualify the drogue, pilot and main parachute assemblies
were installed. The unit was delivered to the NASA on 2 Janusry 196k4.

C. Static Adsapters:

l. Static Adapter No. 1 - Static adapter No. 1l was designed for
structural dyneamics and related structural tests. The unit was completed at
the McDonnell plant and shipped to the Martin Company for the test program
early in 1963. In December 1963 it was returned to McDonnell for a series of
dynamic response tests. Dummy equipment of proper weight and cg was then
mounted in the adapter to check the response of the adapter shell.

2. Static Adapter No. 2 - In October 1962 construction on static
adapter No. 2 was stopped due to budget considerations. With the initiation
of the Popgun program (see 4, below), however, adapter No. 2 was reinstated to
replace static adapter No. 4 in the structural test program.

After its febrication, the retrograde rocket portion of the adapter
was attached to static article No. 4 for dynamic response testing. The equip-
ment portion of the adapter was later added and further dynemic testing was
accomplished. At the conclusion of these tests, the adapter was returned to
manufacturing for modification. Joined to re-entry test unit No. 3, the
adapter was used for static tests of the "cold" launch condition.

3. Static Adapter No. 3 -~ This unit was used to structurally qualify
the equipment mounts, the retro-rocket support structure, the blast shield
access door, and the adapter itself in the "hot" launch condition.

l, static Adapter No. 4 - After undergoing one pyrotechnic separation
test at station Z 13, the adapter was assigned to Popgun testing. This test,
which consisted of pyrotechnic separation at station Z 69 and the firing of
the retro-rockets, had inconclusive results since considerable damage was

20



sustained in the retrograde section due to rocket assembly failure. The
undamaged 52-33002-3 ring from the retrograde section was removed and utilized
in the construction of a boilerplate adapter for further Popgun testing. This
testing showed no Popgun effect. The equipment section of the static No. 4
adapter was used in another pyrotechnic separation test at Z 13.

D. Miscellaneous Test, Vehicles:

l. Thermal Qualification Test Vehicle - This vehicle was a complete
production spacecraft utilizing the No. 3A re-entry module (one of the 13
production units) and a test adapter. All systems and subsystems were flight
worthy, qualified preduction items except for certain easily replaceable
pieces of equipment such as the heat shield and the ejection seats. With
NASA approval, nonflight articles were substituted for the latter.

Spacecraft No. 3A was delivered to the McDonnell leboratory on
15 October 1964. The thermal quelification test program ran until February
1965.

The qualification testing comprised mission simulation runs during
which all systems were operated to their duty cycles. However, safety require-
ments for the vacuum chamber dictated the avoidance of hypergolics and cryo=-
genic hydrogen; therefore inert fuels and bridgewire-type pyrotechnics were
employed during these tests. In addition to these orbit simulation tests,
gspecial vibration and spacecraft system test (SST) tests were performed on
Spacecraft 3A.

2. Electronics Systems Test Unit (ESTU) - The ESTU was & simplified
re-entry module mock-up with provisions for mounting all electronic components
in their flight locations. Prototype and early production units were installed
and interconnected to simulate the spacecraft wiring conditions. Components,
subsystems, and systems were at first operated component-by-component and
then system-by-system to provide an initial evaluation of each componet when
integrated with other units.

A configuration representative of that used in Spacecraft No. 2
was mounted and thoroughly investigated. The ESTU was also used to examine
early problems and evaluate the corrective action. The ESTU was first put
into operation on 19 November 1962. (Ref Development Program, page T76.)

3. Compatibility Test Unit (CTU) - The CTU was a spacecraft mock-up
employing standard spacecraft wire bundles and having a structure very similar
to the flight article. Prototype spacecraft systems were installed, creating
a test vehicle with operational systems representative of Spacecraft 1, 2, 3,
and 3A. The objectives of the test program involving the CTU were:

a. Provide compatibility tests (including radio noise) of the
spacecraft systems to assure interference~free combined operation.

b. Establish spacecraft and ground support equipment (GSE)
compatibility.



c. Furnish SST procedure evaluation and personnel training prior
to production spacecraft tests.

d. Provide a test bed to evaluate spacecraft configuration changes
and investigate problem areas.

The compatibility test unit was delivered from manufacturing in
February 1963. The initial CTU tests were performed in the SST area utilizing
SST personnel, procedures and test equipment. (Ref Development Program,

page T76.)

. Specimen Hatch - This test unit comprised a production batch sill,
side panels, hatches and latch mechanism mounted on a boilerplate box assembly.
Latch rigging, functional, and leakage tests were performed on the unit, as
well as static structural tests of the aft hoist loop fitting. Hatch testing
was accomplished per TR 052-045.02. To perform the structural tests, proper
structural representation required the inclusion of a portion of the large
pressure bulkhead. This was subsequently installed. The unit was delivered
from manufacturing in July 1963.

5¢ R & R and RCS Pyro Test Unit -~ This unit was composed of a full
production R & R/RCS section equipped for the paraglider configuration. It
was designed for pyrotechnic demonstration of the following operations:

a. Drogue mortar

b. Nose fairing separation

c. MDF ring separation at station Z 191.97
d. Nose landing gear deployment

e. Emergency docking release deployment, and
f. Docking bar assembly deployment.

The pyro test unit was originally scheduled for delivery from
manufacturing in mid-December 1963, but the decision to abandon the paraglider
concept involved major modifications to the test unit, resulting in a delivery
date in the first quarter of 1964. Tests involving the landing gear (d,
above) were deleted.

6. R & R and RCS Structural Test Unit -~ This unit, originally designed
to contain & paraglider type R & R section and a parachute RCS, was used to
structurally qualify the radar support structure, the RCS parachute support
structure, and the nose fairing and support structure. Further testing
involved qualifying the drogue parachute structure under re-entry temperatures,
and the performance of & pyrotechnic separation of the MDF ring at Z 191.97.

At the conclusion of these tests, the unit was installed on static article
No. 3 (Ref B. Static Re-entry Vehicles, page 19 ) for parachute deployment
tests at high temperatures.

Structural Testing.

A. Rendezvous and Recovery (R & R) Section Tests - The drogue chute
aortar support structure was tested to determine its static strength, axial
spring rate, and strain gauge calibration. The test article consisted of a

22



tandem drogue rendezvous and recovery section attached to a rigid support at
station Z 191.97. A uniformly distributed axial load was applied to the test
article through the base of one of the mortar assemblies. When failure did
not occur after the applied load had substantially exceeded the design ulti-
mete load, testing was considered successfully completed.

B. Combined R & R/RCS Tests - The re-entry heating test of R & R - RCS
structure with chute pull off loads was conducted to demonstrate the struc-
tural integrity of the R & R and of the attachment joint for the RCS section
at station Z 191.97.

The structural integrity of the drogue parachute support structure
during simulated re-entry heating and drogue parachute deployment loads also
was demonstrated. The desired meximum temperature of 1600°F was achieved on
the beryllium shingles at a heating rate of 6°F per sec. A limit load of
3550 1b and an ultimate load of 4850 1b were applied to the RX drogue cable
at a loading rate of 3210 and 1735 1lb per sec, respectively. Testing at sea
level atmospheric conditions instead of in a near-vacuum caused fires which
resulted in locel structural damage such as broken thruster nozzles, dislodged
shingle retainers and a bolt failure. However, test results indicated that
the R & R attachment joint at Z 191.97, and the drogue parachute support
structure were structurally adequate to withstand the re-entry temperatures
and loads simulating deployment of the single drogue parachute.

C. Re~entry Module Tests

l. Structural Demonstration of the Re-entry Module for Parachute
Deployment Loads - Two load conditions, representing different parachute pull-~
off angles, were tested consecutively. For each condition, the RCS section
and a small portion of the adjoining conical section were heated by a quartz
infrared lampbank prior to load application. ILoading was initiated when a
temperature of 260°F was recorded on the web of a stringer located on BY at
Z 181.5. The structure sustained design ultimate load for both test conditions
without failure. Several local fires during the heat test were attributed to
laboratory atmospheric conditions.

2. Heating Test of Gemini Re-entry Module for Critical Re-entry
Temperatures -~ Two test conditions were conducted to demonstrate the struc-
tural integrity of the re-entry module for the critical re-entry temperatures.
The two conditions consisted of heating (1) the upper centerline in the
vicinity of the hatches, and (2) the lower centerline in the vicinity of the
ECS, equipment and landing gear doors. Temperatures and structural deflections
at several locations were recorded. Test results indicated that the conical
section was adequate structurally for the re-entry heating conditions tested.

3. Spacecraft Structural Evaluation for Re-entry Loads - This test
subjected a spacecraft re~entry module to loads simulating critical re-entry
conditions. Simulated aerodynamic pressure loads were applied to the heat
shield in 5% increments to 136% design limit load. Loads were reacted on the
‘aft section of the re-entry module. No damage was sustained during the test.

23



4. Static Test of EjJection Seat and Back-up Structure - This test
determined the adequacy of the ejection seat support structure for the
following conditions:

a. Condition IX 8= 0°, a = -15° Ejection
b. Condition XI B = 15°, a = 0° Ejection
c. Condition Vy, Landing.

The specimen sustained ultimate load (135% design limit load) for
conditions IX and XI without failure.

For condition Vi, & torque box fitting failed at approximately
90% design limit load. The fitting was redesigned. Since condition Vp was
& paraglider requirement, no further testing was required.

5. Static Test for Re-entry Module Pressurization - The requirements
of this test were as follows:

a. To determine if the conical section of the spacecraft was struc-
turally adequate for 200 cycles of Internal burst pressurization from zero to
six psig.

b. To determine what caused the left hatch on the spacecraft to
unlatch and open at approximately 5.5 psig during cycle 4 of the test described
in a above, and to repeat the malfunction of the left hatch opening under
pressure with no changes to hatch rigging.

c. To determine if the conical section of the spacecraft was
structurally adequate for ultimate internal burst pressurization (12 psig).

d. To determine if the conical section of the spacecraft was
structurally adequate for ultimate external collapsing pressure (3 psig).

The specimen sustained 200 cycles of internal burst pressurization,
ultimate internal burst pressure, and ultimate external collapsing pressure
without failure or significant change in the leakage rate.

During the fourth cycle of the 200-cycle pressurization testing,
the hatch mechanism rotated to the unlatched position, and the hatch opened
from internal pressure. Examination of the hatch mechanism showed that &
bolt in the hatch torque box cover was interfering with the hatch mechanism
bellcrank assembly. The malfunction, which prevented the hatch mechanism
from rotating full over center, was duplicated. The condition was eliminated
by design change and the 200-cycle test was resumed without further malfunc-
tion. The specimen was determined to be structurally adequate for all
conditions tested.

6. Spacecraft Water Impact Drop Tests - Simulated parachute landings
on water were conducted to demonstrate the ability of the spacecraft structure
to withstand impact loadings and to maintain a watertight crew compartment.
The specimen was catapulted from & track into a pond to simulate worst condi-
tions involving local water surface angle due to wave action and impact velo-
city resulting from wind and descent speed. Two impact attitudes were
tested; RCS section forward, then heat shield forward. The weight and balance
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of the unballasted test vehicle were determined experimentally. The mass
moments of inertis of the basic vehicle were determined analytically. Impact
accelerations along the Z (longitudinel) and Y (verticel) axes were measured.
The cabin was pressurized to 5.0 psig before and after each drop test, and
the pressure decay during & 30 min period was recorded in each case. The
cabin was not pressurized when dropped.

On the heat shield forward drop, no structural damage occurred. On
the test with the RCS section forward, shingles were deformed on the conical
section adjacent to the main landing gear doors. A subsequent pressurization
check detected a small leak at the forward edge of the ECS door. However,
during a 39~hr flotation period following the drop test, only 20 oz of water
was teken aboard. The spacecraft was considered structurally satisfactory
to sustain water impact.

T. Static Test of Crew Hatch - These tests helped to evaluate the
structural integrity of the crew hatch and hatch support for the following
conditions:

a. Condition I -~ Ultimate external airload against the flipper
door for astronaut egress during an abort.

b. Condition II - Ultimate air and inertial loade tending to
rotate the hatch past 88 degrees full open, restrained by an extended simulated
hatch actuator. This condition was critical for the hatch and hatch actuator
support.

¢c. Condition III ~ Ultimate air, inertial and ejection seat cata-~
pult loads applied to hatches and support in the following sequence:

® Airloads were applied to both hatches when full open 88 degrees
and supported by simulated hatch actuetors.

® With ultimate airload applied to hatches, the ultimate ejec-~
tion seat catapult load was applied to the right ejection seat catapult
fitting.

® Wwith ultimate load applied to hatches and right ejection seat
catapult fitting, ultimate ejection seat catapult load was applied to the
left ejection seat catapult fitting.

® With ultimate load spplied to the hatches and both ejection
seat catapult fittings, the applied catapult load on the right catapult fit-
ting was reduced to zero.

Results of the crew hatch test were:

a. Condition I -~ The flipper door and adjacent support sustained
136% design limit load (6.2 psi) without failure.

be. Condition II - The crew hatch and support structure reached
120% design limit load before the hatch torque box skin failed. The crew hatch
was strengthened by incorporating a machined stiffener and a doubler on the
hatch torque box skin. When the condition was retested, the redesigned crew
hatch failed at 155% design limit load.

c. Condition III - The hatches and support withstood the ultimate
test load (136% design limit load) for all four phases of the test. The
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flipper doors, strengthened crew hatches, and the hatch support structure
were adequate for all conditions tested.

D. Adepter Section Tests

1. Static Test of the Retrograde Rocket Support Structure - This test
helped to determine the adequacy of the retrograde rocket support structure
for the critical abort condition. The structure sustained design ultimate
load without failure. Ioad was applied simultaneously along the thrust axis
of all four rockets, and no permanent deformation was observed.

2. Static Test of Gemini Equipment Modules and Module Support
Structure - This test evaluated the adequacy of the following adepter equip-
ment modules and their support structure for critical launch and abort
conditions:

a. Orbital attitude meneuvering system module.

b. Fuel cell module, long mission.

c. Environmental control system oxygen module, long mission.
d. Environmental control system coolant module.

All four modules and their support structures sustained ultimate
load (136% design limit load) for the critical launch condition without
primary structural failure.

When the simulated hydrogen bottle was removed from the fuel cell
module after the test, the press~fit sleeve and plug assembly, which restrains
side motion of the bottle, had separated from the fuel cell blast-shield. The
oxygen bottle sleeve assembly also was loosened. The press-fit sleeve and
plug assemblies were replaced by threaded units prior to the critical abort
tests.

The fuel cell module and orbital attitude maneuvering system module
sustained design ultimate load for the criticel abort test without failure.
At 130% design limit load, the simulated pressurant bottle nearest 1IX deflected
enough to contact the module support structure. To correct this the pressurant
bottle support was stiffened. The adapter equipment modules and adjacent
support structure were determined to be structurally adequate for the launch
and abort conditions tested.

3. Static Test of the Spacecraft Adapter for Critical Launch Condition
with Elevated Temperature - This test helped determine the structural adequacy
of the adapter for launch condition 2h (Ref: structural design loads,
McDonnell Report 9030), launch trajectory 333, which has a critical combina-
tion of load and elevated temperature.

The test adapter was mounted horizontally on the forward oxidizer
skirt of a Titan launch vehicle so that the stringer No. 40 of the equipment
section received maximum compression. The specimen was loaded axially (aft)
in the Z direction. Shear was introduced perpendicularly to the Z axis and
vertically downward. Adepter radiator leakage was checked, and gaps between
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the oxidizer skirt and the edapter were measured before and during the test.
The temperature cycle was run under three conditions of load: limit (100% DIL),
‘ultimate (136% DLL) and stretch (156% DLL).

The test structure satisfacﬁorily sustained the stretch load at
156% DLL. The adapter radiator did not leak, and gap deflections between the
oxidizer skirt and adapter were negligible.

The adapter was considered structurally capable of sustaining the
stretch loads. ’

E. Complete Spacecraft Test - The static test of Gemini Spacecraft for
a critical abort condition verified the structural and functional integrity
of the spacecraft for the 5.5 degree angle of attack. Two tests were con-
ducted. During test condition A, the specimen was subjected to both axial
compression and bending moment about the Y-Y axis with the right (RX) side of
the spacecraft in compression. The specimen was loaded in increments to
100% design limit load and the hatches were opened by hatch actuators. Inspec-
tion revealed no damage.

For test condition B, the specimen was subjected to bending moment
about the X-X axis with the bottom (BY) of the spacecraft in compression, and
a torque applied through the open hatches, as well as an axial load and bend-
ing moment about the Y-Y axis. The specimen, instrumented to record strains,
was loaded in increments to 136% DLL without deleterious effect.

The spacecraft was considered functionally and structurally adequate
for the abort conditions tested.

F. Gemini-Agena Target Docking Adapter (TDA) Test - The ultimate strength
static test qualified the critical structure of the Gemini and Agena target
docking adapter for orbital meneuvering ultimate loads. The test specimen
congisted of the following:

1. A static target docking adapter.

2. A rendezvous and recovery module.

3. A static re-entry control system section.
4, An Agena forward auxiliary rack.

Two sets of loading conditions were tested. One consisted of bending
with axial compression which simulated maneuvering in orbit with full thrust;
the other consisted of bending without axial compression which simulated
maneuvering in orbit with zero thrust.

Three tests were conducted with TDA andthe R & R latched together and
rigidized to their maneuvering configuration. Ioading conditions were as
follows:

1. Bending With Axial Compression -~ The bending was applied about
the X 0.00 axis placing the IX latch in tension.
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2. Bending Without Axial Compression -~ The bending was applied about
Y 0.00 axis placing the BY latch in tension.

3. Bending With Axial Compression - The bending was applied about the
Y 0.00 axis placing the BY latch in compression. Bending was increased to
failure.

The Gemini and Agena TDA withstood ultimate loads for orbital maneu-
vering imposed by the three tests.

A primary and secondary failure of the R & R occurred during test 3
at 147% axial design limit loads and 227% bending design limit load. The
primary failure consisted of buckling the two stringers adjacent to the BY
docking fitting. Shingle retainer failure in the same area constituted the
secondary failure.

It was concluded that the Gemini and Agena TDA were structurally
capable of withstanding ultimate loads for orbital maneuvering, and that the
TDA was structurally stronger than the R & R when subjected to the loading
conditions defined by this test request.

Structural Dynamics Tests

Dynamic Response Test of Spacecraft and Equipment Under a Vibration
Environment. -~ This test helped to determine the following:

A. Spacecraft beam frequency response, beam resonant mode, and resonant
mode demping decay characteristics.

B. Equipment frequency response and equipment resonant acceleration
response mode characteristics.

C. Adapter shell resonant response mode characteristics.

The specimen was tested in the following configurations:

A. Abort Configuration =~ The abort module was suspended free-free at
stations Z 109 and Z 192.

B. Re~entry Configuration - The re-entry module was suspended free-
free at stations Z 109 and Z 192.

C. landing Configuration - The landing module was suspended free-free
at stations Z 104 and Z 192, with the landing gear under test in the extended
position. The nose landing gear was tested in both the compressed and
extended positions.

Dynamic Response of the Spacecraft in the Moored Configuration. - This
test was conducted in the following three phases:

A. Phase 1: Dynamic Response of the Spacecraft in the Moored Configure-
tion -~ The spacecraft was subjected to a sinusoidal vibration environment in
its X, Y and Z axes. The spacecraft was moored to a target docking adapter
(TPA) which was bolted to an Agena forward auxiliary rack cantilevered from
the laboratory floor. The first three elastic body modes of the system for
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various static load conditions were determined for all axes of excitation.
These static load condltions simulated the compression and moment loads
generated by the thrust of the Agena engirie. Fhliage 1 data include frequency
regponse plots, modal response data, and damping data.

B. Phase 2: Determination of Moment of Inertia - The inertia of the space-
craft was determined about its X and Y axes. The spacecraft was supported on
knife edges at Z station 192 and was suspended with soft springs of & known
spring constant at 2 station 13. The inertia was calculated by knowing the
weight, center of gravity, spring location, knife edge location, and frequency
of oscillation of the system.

C. Phase 3: Dynamic Response of TDA Equipment - The TDA was subjected to
& sinusoidal vibration environment in its X, Y and Z sxes. The TDA was
attached to a fixture which was attached to an electromagnetic vibration
exciter for excitation in each of three mutually perpendicular axes. Data
presented for phase 3 included transmissibility plots and modal response data.

Full-Scale Structural and Functional Tests of an Agena TDA and a Gemini
R & R Section Subjected to Mooring Shock. - Tests simulating orbital moorings
between full-scale Gemini and Agena vehicles were conducted to demonstrate the
structural and functional capabilities of a production Gemini R & R section
and an Agena TDA when subJected to the mooring shock enviromment. Both the
R & R section and TDA assembly were mounted on fabricated structural steel
vehicles. Composite vehicle assemblies simulated the mess, cg location, and
mass moments of inertia of their respective production vehicles for an orbital

configuration.

Test vehicles were suspended as simple pendulums, 56.57 £t in length with
a gimbal system at each cg, giving the vehicles freedom in pitch, yaw, roll
and translation. The Gemini test vehicle was pulled back and then allowed to
swing forward through a predetermined distance to attain various vehicle limit
and ultimate closing velocities. Vehicle attitudes and locations of impacts
also were controlled. TDA damper loads and strokes and the R & R section
indexing bar bending moments were recorded.

The Agena TDA and the Gemini R & R section sustained all shock loads
imposed with no structural or functional fajilures. All mooring systems that
were operable during the test performed satisfactorily.

RELIABILITY AND QUALITY ASSURANCE PROGRAM

The objective of the Gemini reliability and quality assurance program
was to attain the level of reliability required for all aspects of manned
orbital flight. The emphasis was placed on achieving high mission depend-
ability with maximum crew safety. A mission reliability goal of .95 and a
crew safety goal of .995 were therefore specified, in which mission reli-
ability is defined as the probability of accomplishing the objectives of the
mission, and crew safety is defined as the probability of the crew



surviving the mission. The methodology for accomplishing these two goals
was:

A. Review systems' design to insure that the designs were inherently
satisfactory.

B. Suggest changes to design engineering to maximize system reliability.

C. Conduct tests throughout the Gemini program to demonstrate systems'
reliability and to verify satisfactory operating characteristics.

D. Provide reliasbility estimates for various missions to quantitatively
express spacecraft and mission reliasbility and to identify equipment or
systems which required reliability improvement.

E. Establish a control system which required the reporting, investigation,
and correction of equipment melfunctions.

F. Develop a rigid quality control program to maeintain the reliability
inherent in the spacecraft design.

Evaluation Of Spacecraft Design

The design of the spacecraft was evaluated to insure that the reliability
goals could be met. Wherever a single failure could be catastrophic to the
crew or to the spacecraft or could jeopardize mission success, redundant
systems or back-up procedures were deemed necessary and were instituted. Some
examples of these redundant features are:

A. Bvery pyrotechnic function was supplied with redundant initiation
circuitry and redundant cartridges.

B. Two independent re-entry control propulsion systems were supplied
for re-entry safety.

C. Redundant horizon sensors and rate gyros were provided for the
guidance and control system.

D. Six fuel cell stacks were installed to supply electrical power; only
three to five stacks were required for nominal mission performance.

Reliability Reviews. - Reliability engineers reviewed designs independ-
ently of the initiators in order to insure an objective evaluation for
reliability and crew safety. These reviews were begun as soon as the initial
design was established and were continued throughout the design phase. Sur-
veillance of the prime contractor's suppliers was also maintained in design,
parts selection and application, reliability activities, and in proposed
design problem solutions. 1In addition, specification and procurement documents,
schematic and installation drawings, stress analyses, and design data sheets
were evaluated to determine their effects on reliability. Detailed studies
were performed to evaluate system configurations for possible design improve-
ment. Some examples of these studies and their results are:

A. Reliability analysis of the envirommental control system resulted in
the installation of & redundant heater in the primary oxygen tank. (On
Spacecraft 10, 11, and 12 these redundant heaters allowed both the ECS and the
RSS to share a single, enlarged oxygen tank.)

30



B. A study was performed to determine the effect of the instrumentation
signal conditioners upon maneuvering and attitude control reliability. The
study indicated that spacecraft control would not be significantly degraded
by the failure of the instrumentation equipment, since electrical isolation
between the systems was part of the design concept.

C. Analysis of the flight director controller, located on the spacecraft
right-hand instrument panel, resulted in including ON-OFF switch for the
thrusters and related units. This conserved and improved reliability by not
requiring the units to be continuously powered.

Failure Mode and Failure Effect Analysis. - A detailed failure mode and
failure effect analysis was conducted on all functional spacecraft equipment.
The analysis included the following steps:

A. A description of the failure mode.

B. The identification of the mission phases in which the failure was
likely to occur.

C. An estimate of how the failure would affect the system and the mission.

D. A review of the failure indications available to the crew and to the
ground.

E. An estimate of the maximum time the mission could be continued after
a failure. This estimate measured the seriousness of the failure.

The analysis provided a means to estimate the impact of a failure upon
mission success and crew safety. In addition, it helped determine the need
for design changes to eliminate those failures which significantly jeopardized
mission success or crew safety. Finally, the analysis led to a reexamination
of the adequacy of failure indications. 8Single point failure modes and
failure effects were analyzed for every manned mission. Action was taken
(1) to eliminate the failure mode(s), or (2) to justify the design and recom-
mend precautionary procedures or crew actions to minimize the likelihood of
failure.

An abort time study was made to help determine whether recovery forces
were adequately distributed. The probability of an abort, and the probability
of permitting the flight to continue for a specified time after an abort-
causing failure were estimated. If a failure occurred which required an abort,
the study indicated that there was a 90% probability that at least 1.5 orbits
could be completed prior to spacecraft re-entry.

Test Program For Reliability And Quality Assurance

The Gemini test program consisted of development, qualification, reli-
ability, and equipment flight simulation tests (the last utilizing both
estimated and real mission environmental data). Development tests used
engineering models to establish the feasibility of the design concepts. Prior
to qualification testing, the functional performance and structural integrity
of production hardware were demonstrated. Qualification requirements were
established for all spacecraft equipment, and sufficient testing was then
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performed to prove that a production unit met the design requirements. Queli~
fication tests included simuleted mission conditions, during which the equip-
ment was operated to the duty cycles and in the modes expected during flight.

The environmental levels to which the equipment was subjected were based
on the anticipated preflight, flight, and post-landing conditions. However,
these environmental levels were revised whenever flight experience or other
data revealed that the original environmental requirements were too stringent.
Production equipment was also subjected to overstress testing, in which the
equipment was operated under conditions more severe than the design
requirements.

Tests were conducted on all flight articles to assure that the design
reliability had not been degraded in the fabrication, handling and installa-
tion of the hardware. These tests comprised:

A. Receiving Teste - Parts were inspected by x-ray, spectrograph, and
other techniques where appropriate, and functional tests were performed.

B. Production Tests - Inspection and tests were performed at various
stages of equipment assembly to detect deficiencies early in the manufacturing
process.

C. Predelivery Acceptance Tests (PDA) - Equipment performance was verified
at the vendor's plant prior to delivery to the prime contractor or to the
customer.

D. Preinstallation Acceptance Tests (PIA) - Equipment performance was
reverified prior to installing the equipment in the spacecraft.

E. Spacecraft Systems Tests (SST) - Individual and integrated systems
tests, simulated flight tests, and altitude chamber tests were performed after
systems' installation in the spacecraft.

F. Spacecraft/Launch Vehicle Joint System Tests - Systems tests were
performed at the launch site prior to mating the spacecraft to the launch
vehicle. After spacecraft mate, integrated systems tests, simulated flights,
and abort mode tests were conducted, utilizing the Mission Control Center, the
Menned Space Flight Network, and the flight crew.

G. Countdown Tests - A final series of functional tests was performed on
systems to verify their flight readiness.

Limited design assurance tests (DAT) and reliability assurance tests (RAT)
were conducted; however, the quality and conclusiveness of the overall test
program were sufficient to demonstrate equipment performance and flight
worthiness.

Estimates Of Reliability Requirements

The reliability requirements were established with regard for each system's
mission function and in keeping with the overall spacecraft reliability goal
of .95. These requirements were consistent with the relative relisbilities of
similar Project Mercury equipment. Each system's inherent reliability was
then estimated, based primarily on component failure rate data. These esti-
mates were applied to reliability models which called for a two-day rendezvous

32



A

and a two-week orbital flight; the results indicated that the design would
meet the reliasbility goals for mission success and crew safety.

As part of the continuing evaluation, a reliability estimate of mission
success and crew safety was made prior to the flight of each manned mission.
These estimates were based on the latest test and flight data. The close
agreement of these estimates with the actusl mission performance gave addi-
tional assurances that succeeding missions would be accomplished successfully
and safely.

Monitoring And Analysis Of Equipment Malfunctions

A "closed loop" program of failure reporting, failure analysis, and
subsequent corrective action was established to identify all equipment mal-
functions and anomalies and to insure that corrective measures were taken.

All malfunctions were recorded, from the first testing of engineering models
up through the operation of all flight items. A material review board deter-
mined the disposition of the equipment for failure analysis, corrective action,
and subsequent use.

The failures were analyzed at the vendor's plant, the McDonnell plant,
or at Kennedy Space Center, depending upon the nature of the failure and the
availability of facilities. Complex equirment was returned to the vendor
when the analysis required special engineering end technical skills or special
test equipment.

Failure analysis laboratories were established at the Kennedy Space Center
and at the McDonnell plant to provide rapid detailed analysis of the cause
of the failure. ILaboratories were equipped with precision measuring devices,
environmental chambers, and sensitive detectors. By the program's end, the
McDonnell laboratory had performed 882 of these analyses.

All recommended corrective actions were evaluated and those deemed
appropriate were implemented. The required corrective actions ranged from
changes in design and manufacturing to revised quality control techniques and
testing criteria. A "current status" summary of all trouble reports was
maintained, in which each anomaly or failure was described, and the status of
the analysis and corrective action was indicated. This list was continually
reviewed by the customer and the contractor to insure acceptable and timely
corrective measures; action was accelerated in those areas in which failure
would have a significant effect on pending flights.

Development Of Quality Control

A rigid quality control system was developed to maintain the reliability
inherent in the spacecraft design. This system required that flight equipment
be produced, handled, and installed in a manner calculated to maintain a
qualified configuration. A configuration control program was established
which required that all changes to the spacecraft be documented, approved,
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implemented, and verified by quality control. This method permitted rapid
changes accompanied by rigorous inspection. No change was made to the total
configuration until 1t had been submitted to a management change board which
evaluated the impact of the change upon the program cost and the schedule.

Each flight article was identified by part number, and all assemblies
and components (such as pressure regulators and electronic boxes) were
serialized, recorded, and accountable. Certain materials, such as pyrotechnic
explosives, were kept track of by lot to permit their identification if it
was determined that the materials used were substandard.

All manufacturing and inspection personnel who required a specified skill
level were especially trained and the quality of their work was periodically
examined by means of proficiency tests. Parts and fabricated assemblies were
inspected to maintain the spacecraft quality. All discrepancies found by this
ingpection and testing were recorded and corrected, despite their apparent
insignificance.

All equipment installation and removal required inspection approval
prior to changing the system configuration. Formal acceptance reviews were
conducted by the customer and the contractor at critical stages of the space-
craft assembly and testing to isolate deficiencies that might have reduced
spacecraft performance.

SPACECRAFT FLIGHT PERFORMANCE

Six major objectives were defined for the Gemini manned spacecraft
program. Stated simply, these objectives were:

A. Expose two astronauts and their life support systems to long-duration
missions in preparation for future earth orbit and lunar flights.

B. Develop and exercise precision re-entry, landing, and recovery of
manned spacecraft.

C. Rendezvous and dock with a second orbiting vehicle and then perform
combined maneuvering.

D. Undertake extravehicular activity to evaluate man's ability to perform
tasks in a weightless environment.

E. Utilize the Gemini Spacecraft as an experimental test platform for
scientific investigations.

F. Provide a continuation of manned spaceflight operation at minimum
cost with major milestones to be complete as soon as practical.

The following synopses present the flight performance of each spacecraft
and describe how the program achieved all of the major objectives, except
land landing. All Gemini Spacecraft were launched from Complex 19, Cape
Kennedy, Florida. The Gemini launch vehicle was a modified Titan II ICBM,
"man-rated" for Gemini usage.
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Gemini I Mission
The first Gemini mission was an unmanned orbitel flight, launched successg-
fully from the Cape on 8 April 196k. The obJjectives for this first mission
were:

Gemini I - Primary Objectives.

A. To demonstrate the Gemini launch vehicle performance and to flight
qualify the vehicle subsystems for future Gemini missions.

B. To determine the exit heating conditions on the spacecraft and
launch vehicle.

C. To determine the structural integrity and compatibility of the
combined spacecraft and launch vehicle through orbital insertion.

D. To demonstrate the ability of the Gemini launch vehicle and ground
guidance systems to achieve the required orbital insertion conditions.

E. To monitor the switchover circuits on the Gemini launch vehicle and
to evaluate their sufficiency for mission requirements.

F. To demonstrate the switchover function if anomalies occur within
the primary autopilot or hydraulic systems that would require the use of the
secondary autopilot or hydraulic systems.

G. To demonstrate the malfunction detection system.

H. To verify the structural integrity of the Gemini Spacecraft.

Gemini I ~ Secondary Objectlves.

A. To evaluate the operational procedures used in establishing the
Gemini launch vehicle trajectory and cutoff conditions.

B. To demonstrate the performance of the launch and tracking networks.

C. To verify orbital insertion conditions by tracking the C=-band
transponder system in the spacecraft.

D. To provide training for the flight dynamics, guidance switchover,
and malfunction detection systems flight controllers.

E. To demonstrate the operational capability of the prelaunch and
launch facilities.

The first production Gemini Spacecraft was utilized for this flight but
it did not carry complete Gemini flight systems because the mission was
primarily a test of structural integrity. Spacecraft 1 was launched at
11:00 a.m., EST. The mission was declared successfully concluded four hours
and 50 min after lift-off. Tracking, however, was continued by the Goddard
Space Flight Center until the spacecraft re-entered on the 64th orbital pass
over the southern Atlantic Ocean.

Two subsystems employed on the Gemini I mission were the C-band radar
transponder and the three telemetry transmitters. The transponder aided in
accurate ground tracking of the spacecraft during the mission; the transmitters
provided data on spacecraft heating, structural loading, vibration, sound
pressure levels, and the temperatures and pressures encountered during the
launch phase.
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‘ Miscellaneous equipment installed on the spacecraft consisted of a

24 ~-volt DC silver-zinc battery, a cabin pressure relief valve, a prelaunch
cooling system, and three spacecraft-to-ground umbilicals. Dummy equipment,
having a mass and moment of inertia equal to the missing flight systems, was
installed in the spacecraft.

The spacecraft/launch vehicle second stage combination was inserted into
an orbit having & perigee of 86.6 nautical miles and an apogee of 173 nautical
miles. These figures were within the design tolerance; the perigee was
actually only O.4 nautical miles short of the desired altitude. A 20 fps
overspeed condition at orbital insertion produced an increase of 1l nautical
miles in the apogee.

Although the trajectory was designed for an orbital lifetime of several
days, the Gemini I mission was considered complete after three orbital passes
over Cape Kennedy. All primary and secondary mission objectives were
accomplished.

Gemini II Mission

The second Gemini mission was an unmanned suborbital flight launched at
9:04 a.m., EST, on 19 January 1965. The spacecraft was recovered by the
primary recovery ship, the aircraft carrier Lake Champlain, at 10:52 a.m.,
EST. Splashdown was within three miles of the target. The major objectives
of the Gemini II mission were:

A. To demonstrate the basic structural integrity of the unit throughout
the flight environment.

B. To verify the adequacy of the re-entry heat protection under the
most severe conditions.

C. To achieve satisfactory performance of vital flight control systems,
life support systems, retrograde rocket system, recovery and landing systems,
and other systems critical to flight safety and mission success.

D. Verify systems checkout and launch procedures.

E. Evaluate back-up guidance steering signals throughout launch.

Spacecraft 2 contained production units of all equipment used on the
later manned missions with the exception of the rendezvous radar, the drogue
parachute system, and the auxiliary tape memory. A fuel cell was also
installed but the hope for engineering evaluation of flight performance was
not accomplished because a prelaunch facility malfunction made timely activa-
tion impossible. An automatic sequencing device was installed in the space-
craft to control the operation and the sequencing of the Gemini systems
throughout the flight. The major spacecraft functions performed during this
mission were spacecraft/launch vehicle separation, controlled 180 degree
turnaround, adapter equipment section jettison, retrofire, retrograde section
jettison, controlled zero lift re-entry (10 degrees roll rate for 150 sec)
and parachute landing. The spacecraft was recovered 1848 nautical miles down
range from the launch site.
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All major mission objectives were accomplished except for the performance
of tests on the fuel cell. Due to the unpredictability experienced with fuel
cell performance up to the time of Spacecraft 2 flight the decision was made
to use the fuel cell as & separately loaded power source for engineering
evaluation purposes rather than a source of spacecraft power on the Gemini IT
flight.

Two minor anomalies occurred on the mission. During the re-entry mode,
temperatures near the adapter interconnect fairing on the cabin section were
higher than the planned values. This resulted in demage to two of the Rene 4l
shingles, one washer, and a circumferential strap. No damage was experienced
by the underlying insulation, however. The corrective action taken for
Spacecraft 3 and up was to increase the thickness of the shingles in this
area, employ smaller diameter washers as fasteners, and thicken the circumfer-
ential strap. Also, temperature reduction was accomplished during the re-entry
mode by reducing the design angle of attack which resulted in the center of
gravity being off-set from e = .196 in. to e = 1.35 in. on Spacecraft 3, plus
similar reductions on subsequent spacecraft, with an accompenying loss of
footprint capability. No further difficulty wes experienced in this area.

An indicated error in the inertial measuring unit (IMU) accelerometer
output (inertial guidance system) of approximately 66.5 fps in the X axis
was received at secondary engine cutoff. After failure analysis, corrective
action was taken to redesign the rate network to accept saturated inputs.
This change was made in the X loop only for the Gemini III configuration;
however, on Gemini IV and all subsequent flights all accelerometer loops
incorporated the redesign.

Gemini IIT Mission

The third Gemini flight and the program's first manned mission was
launched at 9:24 a.m., EST, on 23 March 1965. The planned three-orbit mission
had the following principal objectives:

A. Demonstrate manned orbital flight in the Gemini Spacecraft and
further quelify both spacecraft and launch vehicle systems for future long-
duration missions.

B. Evaluate the Gemini design and its effects upon crew performance.

C. Exhibit and evaluate operation of the worldwide tracking network with
the spacecraft.

D. Demonstrate precise orbital maneuvering using the orbit attitude and
maneuver system (OAMS).

E. Verify OAMS capablility to perform retro back-up.

F. Evaluate the performance of major spacecraft systems.

G. Demonstrate the ability to control the re-entry flight path and to
arrive at a predetermined landing point.

H. Verify systems checkout, prelaunch, and launch procedures for a
manned spacecraft.

I. Recover the spacecraft and appraise the recovery system.

37



The flight crew successfully completed the mission, during which they
employed several thruster firings to alter the spacecraft orbit and to
perform small out-of-plane maneuvers. Both the OAMS and the spacecraft guid-
ance and control system performed satisfactorily during the flight, with no
significant anomalies.

The only primary objective unachieved during the Gemini III mission was
a landing close to the recovery force. The actual landing point was ebout
58 nautical miles short of the planned retrieval point. A study indicated that
the angle of attack had been slightly lower than predicted; however, the main
reason for the short trajectory appeared to be a considerably lower 1ift
coefficient and a corresponding reduction in the touchdown footprint. The
flight data appeared to indicate a difference between the actual and the wind-
tunnel-derived aerodynamics of the re-entry configuration. The experience
acquired from this mission and the Gemini II flight were correlated with wind
tunnel deta to arrive at a more accurate prediction of the lift-to-drag ratio
and corresponding footprints for later flights.

The mission was successfully concluded with recovery of the spacecraft
by the prime recovery ship, the aircraft carrier U.S.S. Intrepid, at
5:03 p.m., EST. Two of the principal benefits accruing from the Gemini III
mission were the quelification it gave the worldwide tracking network and the
experience it provided to operations personnel for longer missions.

Gemini IV Mission
The Gemini IV flight, scheduled for a four-day mission, was launched
from Cape Kennedy at 10:16 a.m., EST, on 3 June 1965. The primary and

secondary obJjectives of the mission were:

Primary Objectives.

A. Evaluste the effects of prolonged exposure to the space enviromment
of the two-man flight crew in preparation for longer missions.

B. Demonstrate and evaluate the performance of the Gemini Spacecraft
systems for four days in space.

C. Evaluate previously developed procedures for crew rest and work
cycles, eating schedules, and real-time flight planning for long flights.

Secondary Objectives.

A. Demonstrate extravehicular activity in space and evaluate attitude
and position control using the hand-held propulsion unit or the tether line.

B. Conduct station keeping and rendezvous masneuvers with the expended
second stage of the Gemini launch vehicle.

C. Conduct further evaluation of spacecraft systems as outlined in the
in-flight systems test objectives.

D. Demonstrate the capability of the spacecraft and flight crew to make
significant in-plene and out~of-plane maneuvers.
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E. Demonstrate orbital attitude and maneuver system (OAMS) capability to
operate as a back-up for the retrograde rocket system.
F. Execute 13 in-flight experiments.

The flight demonstrated effectually the astronauts' ability to adjust
perfectly to a weightless enviromment and to perform all mission tasks with
efficliency; both astronauts were in excellent physical condition at the
conclusion of the flight. Of 13 scheduled in-flight experiments, the Gemini
crew successfully conducted 11l.

All primary mission objectives were met; however, a problem was encoun=-
tered in the U8th revolution wherein the computer would not sequence off when
the computer on/off switch was operated. Because of this condition a
computer controlled (closed loop) re-entry could not be attempted and a zero
1ift re-entry was flown instead. Due to dispersions in retrofire attitude,
retrofire time, and OAMS thrust, the landing point was 50 nautical miles short
of the predicted retrieval point. Failure analysis revealed that the computer
turnoff anomaly was intermittent and seven postulated failure mechanisms were
identified. The exact cause of failure was never isolated however available
evidence suggested that contamination of the on/off switch was the most
probable cause. The corrective action was to install a manual shutdown
sequence switch which would circumvent all the postulated failure modes should
the problem reoccur.

An anomaly was also found to have occurred during re-entry when a brief
period of excessive current drain was observed from the re-entry batteries.
Failure analysis revealed that this anomaly was caused by electrical arcing
between the computer +25 volt regulator transistor terminal and the computer
case. To remedy this, an epoxy glass insulator strip was attached to the
inside of the computer cover to provide an electrical and mechanical barrier
between the transistors and computer cover on all subsequent flight units.

Late in the first revolution, the decision was made not to attempt the
rendezvous with the Gemini launch vehicle second stage because the allocated
propellant for the OAMS had been consumed dQuring the station keeping exercise
with the second stage.

Two thruster anomalies were experienced on the Gemini IV mission; how~
ever, neither was considered detrimental to mission success or to crew safety.
No. 5 thruster on the re-entry control system (RCS) B-ring falled to operate
during re-entry. Post-flight inspection revealed a broken wire to an elec-
trical connector between the attitude control electronics (ACE) package and
the thruster solenoid valve. In addition, a loss of thrust was experienced
early in the mission from one aft-firing OAMS thruster. The most probable
cause of this apparent loss of thrust was that the crew had inadvertently
thrown the No. 9 circuit breaker to OFF during the final 30 min of the first
orbit. During the 61st orbit, when the No. 9 thruster was again requlred, its
operation appeared satisfactory.
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The flight crew reported difficulty in closing and latching the hatch
after EVA. This anomaly, and the corrective action employed, are fully
discussed in Failure Summary And Analysis, page 16 of this report.

The mission was successfully concluded on 7 June 1965. Recovery of the
spececraft was made by the prime recovery ship, the aircraft carrier U.S.S.
Wasp, at 2:28 p.m., EST. With minor changes, the Gemini Spacecraft was
considered flight-qualified for longer missions.

Gemini V Mission

The fifth Gemini mission, launched at 9:00 a.m., EST, 21 August 1965 was
the first long-duration flight to use fuel cells as the principal source of
spacecraft power. The primary mission objectives were:

A. To demonstrate an eight~day flight capability.

B. To evaluate the performance of the rendezvous guidance and navigation
system in conjunction with the rendezvous evaluation pod (REP).

C. To determine the effects of prolonged weightlessness upon the flight
crew, in preparation for even longer missions.

A secondary objective was to demonstrate & controlled re-entry to a
predetermined landing point.

During the first two orbits, all spacecraft systems were checked, a
nominal perigee adjust maneuver was conducted, and the rendezvous evaluation
pod was ejected on schedule.

Two of the three principal mission objectives were achieved; however, it
was not possible to perform the radar evaluation with the REP because of the
necessity to power down the spacecraft early in the mission. Power couserva-
tion was deemed necessary because of & loss of pressure in the fuel cell
oxygen supply tank. The causc of the pressure decrease was believed to be in
the reactant supply system (RSS) oxygen tank heater wiring. Since the cryo-
genic tanks, heaters, and associated wiring could not be recovered for
analysis, it was impossible to determine the actual failure mode. However,
all available development and qualification test data show the cryogenic tanks
and heaters to be rigidly constructed and of sound design. Nevertheless,
corrective action was implemented for Spacecraft 7 and all other flights
utilizing fuel cells. Redundant heater wiring was provided to the RSS hydrogen
tank, and a crossfeed was installed between the RSS and environmental control
system (ECS) oxygen tanks to enable oxygen to be supplied to the fuel cells
or the ECS loops in the event of heater malfunction. (See RSS Flight
Performance, page 63.) Despite the loss of oxygen pressure, the fuel cells
received adequate operating pressure to supply necessary electrical power for
the duration of the mission.

At the end of revolution 17 the spacecraft was powered up to a high load

condition, and a successful rendezvous radar test was conducted by tracking
a transponder on the ground at Cape Kennedy. Further radar tests were
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conducted throughout the mission to evaluate the rendezvous system in lieu of
the REP exercises. A simulated Agena rendezvous was conducted on the third
day which indicated that the spacecraft could have been placed within 0.3
nautical miles of an Agena Target Vehicle (ATV).

During the mission, five OAMS attitude thrusters functioned abnormally,
providing low or zero thrust. Though the astronauts made two in-flight
attempts to restore operation, they were not successful. A post-flight study
indicated that the probable cause of the thruster failures was propellant
freezing, due to the long periods of valve heater and line heater inaction.

To preclude future thruster failures, redundant heaters and circuits were
installed on the next long-duration configuration (Spacecraft 7). In addition,
thermocouples were provided to monitor the temperatures of the thrust chambers
to assure satisfactory heater operation.

Spacecraft systems functioned normally Quring the re-entry mode, but
ground transmission of incorrect navigational coordinates resulted in a
landing 89 nautical miles short of the planned retrieval point. The spacecraft
was recovered on 29 August 1965 by the aircraft carrier U.S.S. lLake Champlain.
The experiment program for the mission was very successful; 16 of the 17
planned experiments were conducted, and a high percentage of desired data was
accumulated.

Gemini VI Mission

The flight of Gemini VI constituted the first rendezvous mission of the
program. The mission's primary objective was to achieve an orbital rendezvous
with Spacecraft 7, which became the target vehicle due to the Agena's failure
to achieve orbit on 25 October 1965.

Spacecraft 6 was successfully launched at 8:37 a.m., EST, on 15 December
1965, 11 days after the launch of Spacecraft 7. A "closed loop" rendezvous
was achieved approximately six hr after launch. Nine maneuvers were
performed by Spacecraft 6 to effect rendezvous. Initial radar lock-on with
Spacecraft 7 occurred at a range of 248 nautical miles, with continuous
lock-on beginning at 235 nautical miles. After rendezvous, station keeping
was performed for about 3-1/2 orbits, with the spacecraft as close as one ft
apart. The command pilot of Spacecraft 6 performed an in-plane fly-around
maneuver, maintaining a distance of 150 to 250 £t from Spacecraft 7. Separa-
tion maneuvers were performed and the visibility of Spacecraft T as a target
vehicle was evaluated. The flight progressed normally and was ended by a
nominal re-entry and landing on 16 December within seven nautical miles of
the planned retrieval point. The recovery ship was the aircraft carrier, the
U.S5.5. Wasp. All primary mission objectives were accomplished.

Gemini VII Mission

The Gemini VII mission, & maximum duration flight, was launched at
2:30 p.m., EST, on 4 December 1965. The primary mission objectives were to
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demonstrate a manned orbital flight of 14 days, and to evaluate the effects
of the prolonged mission upon the crew. Secondary objectives included a
rendezvous with Spacecraft 6, station keeping with that spacecraft and with
the second stage of the launch vehicle, and the carrying out of 20 in-flight
experiments.

Additional equipment on this flight included an L-band transponder which
was used with the Spacecraft 6 radar to provide target position data for
rendezvous.

After insertion, the spacecraft performed station keeping with the launch
vehicle, maintaining distances of between 60 and 150 ft for 15 min. A closer
approach was not attempted because of the high tumbling rate of the launch
vehicle. On the fifth day of the mission, the spacecraft was maneuvered into
a favorable orbit for the rendezvous with Spacecraft 6. No further adjust-
ments to this orbit were required.

An edditional accomplishment of this flight was the crew's demonstrated
ability to perform meny of the mission requirements while not wearing their
pressure suits. Comfort and mobility were greatly increased with the suits
removed; no detriment to either crew health or mission success resulted. The
ECS provided a nominal atmosphere throughout the flight.

Fuel cells provided the principal power source for Gemini VII. These
performed nominally throughout the greater part of the mission; however, at
286:57 hr ground elapsed time, two of the stacks (2A and 2C) were shutdown
because they were producing less than the specified current. The remaining
stacks provided sufficient electrical power until re-entry. No corrective
action was taken because the remeining Gemini flights were scheduled for a
maximum of four days or less than 100 hr, about one~third the time to failure
on the Gemini VII mission.

Post-flight investigation attributed the fuel cell problem to a blockage
in the water management system late in the mission. Since the rest of the
fuel cell system continued to operate with nominel performance, the anomaly
was not deemed a system failure. An analog presswe transducer was neverthe-
less installed on Spacecraft 8 to provide a better monitoring capability in
the event of a recurrence of this failure.

Another anomaly occurred when the operation of the No. 3 and No. 4 yaw
right OAMS thrusters was degraded during the last 47 hr of the flight. How-
ever, performance was not seriously affected because the crew was able to
retain yaw right control through the use of a maneuver thruster. Post-flight
investigation indicated that the degraded thruster performance was probably
due to an obstruction in the propellant flow or to propellant contamination.
Since the anomaly was believed to have occurred as a result of long-duration
operation, no change was made to the system configuration.

The ll-day mission was successfully completed and controlled re-entry was

demonstrated by landing the spacecraft within 6.4 nautical miles of the
planned retrieval point on 18 December 1965. Recovery was made by the
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carrier U.S5.5. Wasp. All primary and secondary mission objectives were
accomplished.

Gemini VIIT Mission

The eighth Gemini mission was the first rendezvous and docking mission
with an Agena Target Vehicle. Spacecraft 8 was launched successfully at
9:00 a.m., EST on 16 March 1966, following the launch of the Atlas-Agena
Target Vehicle one hr and 40 min earlier.

The primary objectives for the Gemini VIII mission were:

A. Perform rendezvous and docking with the Gemini Agena Target
Vehicle (GATV).
B. Conduct extravehicular activities.

The secondary obJectives for the mission were:

A. Rendezvous and dock with the GATV during the fourth revolution.

B. Perform docked-vehicle maneuvers using the GATV secondary propulsion
system.

C. Perform systems' evaluation.

D. Conduct ten experiments.

E. Carry out docking practice.

F. Perform a rerendezvous maneuver.

G. Evaluate the auxiliary tepe memory unit.

H. Evince a controlled re-entry.

I. Park the Gemini Agena Target Vehicle in a 220-nautical-mile
circular orbit.

The primary obJjectives of rendezvous and docking were accomplished during
the fourth spacecraft revolution. The secondary obJjectives of evaluating the
auxiliary tape memory unit and demonstrating a controlled re-entry were also
accomplished. Because the mission was terminated early, extravehicular
activity was not performed and only two of ten scheduled in-flight experiments
could be conducted.

The Agena Target Vehicle was inserted into a 161.3 nautical mile circular
orbit by its primary propulsion system. Spacecraft 8 performed nine maneuvers
to rendezvous with the target five hr and 58 min after spacecraft lift-off.
The spacecraft docked with the target vehicle after approximately 36 min of
station keeping. Once docked, a 90 degree yaw maneuver was performed using
the Agena attitude control system.

At T7:00:30 hr ground elapsed time, unexpected yaw and roll rates developed
while the two vehicles were docked, but the command pilot was able to reduce
these rates to essentially zero. However, after he had released the hand con-
troller, the rates began to increase again and the crew found it difficult
to control the spacecraft without using excessive amounts of propellant. The
spacecraft was undocked and the yaw and roll rates then increased to
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,approximately 300 degrees per sec, causing the crew to deactivate the orbit
attitude and maneuver system (OAMS) and to use both rings of the re-entry
control system to reduce the rates. The problem was isolated to No. 8 OAMS
thruster which fired continuously because its circuitry failed in an ON
condition. Post-flight investigation subsequently concluded that the anomaly
was caused by & short circuit in the wiring to the thruster. To provide for
immediate shutdown of all thrusters in case of malfunction on subsequent
spacecraft, a single switch was installed which interrupted power to all
thruster electrical systems. In this way, a systematic check of each system
could be made per established procedure after individual systems were shutdown
and the single switch closed. Inspection procedures were modified to reflect
the engineering change.

Because the re-entry control system had been activated, the mission
was terminated during the seventh revolution in the secondary
recovery aree in the western Pacific Ocean. Retrofire was on time at
10:04:47 hr GET, and the re-entry was nominal, resulting in a landing within
seven nautical miles of the planned retrieval point. The crew and spacecraft
were recovered by the U.S.S. Leonard Mason approximately three hr and 11 min
after landing.

Gemini IX-A Mission

The ninth Gemini flight was a rendezvous and docking mission with the
augmented target docking adapter (ATDA), used as the target vehicle after the
Atlas failed to insert the Agena into orbit on 17 May 1966. The ATDA consisted
of a target docking adaepter (TDA), a cylindrical equipment section, a re-entry
control system for attitude stabilization, a battery module, and an ascent
shroud.

The ATDA was successfully launched on 1 June 1966, into a nearly circular
orbit of 161 nautical miles. The Gemini Spacecraft was launched successfully
at 8:39 a.m., EST, on 3 June 1966.

The primary objectives of the Gemini IX-A mission were:

A. Perform rendezvous and docking maneuvers with the target vehicle.
B. Conduct extravehicular activities.

The secondary objectives of the mission were:

A. Rendezvous and dock during the third revolution.
B. Accomplish systems evaluation.

C. Perform an equiperiod rerendezvous.

D. Achieve rerendezvous from above.

E. Demonstrate a controlled re-entry.

F. Perform docking practice.

G. Conduct seven in-flight experiments.



Rendezvous with the ATDA was accomplished by performing seven maneuvers
during the spacecraft's third revolution. The first three maneuvers were
conducted using ground-computed data. The terminal phase initiate maneuver
was conducted using information from the onboard computer, ground computer,
and onboard charts. The final three maneuvers were conducted visually with
the assistance of the onboard computer and displays.

It was impossible to dock with the ATDA because the ascent shroud on the
ATDA had not separated as planned. Subseguent inspection revealed that the
quick-disconnect lanyards had not been properly attached. Two additional
rendezvous were therefore performed in accordance with the alternate plan. The
first was an equiperiod rendezvous (in which the spacecraft has the same .
orbital period as the target) and the second was a rendezvous from above,
which was to simulate conditions which could result if the Apollo command
module were required to rendezvous with a disabled lunar module. A two-hr
EVA was accomplished, but evaluation of the astronaut maneuvering unit was
not performed due to fogging of the pilot's visor.

On the third day several of the uncompleted in-flight experiments were
performed. A nominal re-entry in the primary recovery area resulted in a
landing one-third mile from the planned retrieval point on 6 June 1966.
Recovery was made by the aircraft carrier U.S.S. Wasp.

Gemini X Mission

The primary obJjective of the Gemini X mission was to rendezvous and dock
with the target vehicle. Secondary objectives comprised:

A. Perform the rendezvous and docking operation during the fourth
revolution.

B. Utilize large propulsion systems in space (by using GATV primary
and secondary propulsion systems in an attempt at dual rendezvous).

C. Accomplish extravehicular operations.

D. Perform docking practice.

E. Conduct 14 in-flight experiments.

F. Perform systems evaluations.

The tenth Gemini flight marked the second successful rendezvous and
docking mission with an Agena Target Vehicle. The Agena was successfully
launched on 18 July 1966 at 3:39 p.m., EST; Spacecraft 10 was successfully
launched approximately one hr and 40 min later at the beginning of a 35 sec
launch window. The Agena was placed in a nearly circular orbit with an apogee
of 162.0 nautical miles and a perigee of 156.6 nautical miles. After space-
craft insertion, the insertion velocity adjust routine (IVAR) of the onboard
computer was used to calculate the necessary veloclity increment to achieve
the planned orbit. Only a single velocity increment of 26 fps at insertion
was required; this was applied by the crew and resulted in a spacecraft orbit
of 145.1 nautical miles apogee and 86.3 miles perigee. These altitudes were
only 0.1 mile low at apogee and 0.4 mile low at perigee, compared with
planned altitudes.
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The crew completed the rendezvous during the fourth revolution as
planned, at 5:23 hr ground elapsed time. Approximately 30 min later the space-
craft docked with the Agena Target Vehicle. Since more propellant was used
during the terminal phase of the rendezvous than had been predicted, docking
practice was not performed in order to conserve the remeining propellant.

The spacecraft remained docked with the target vehicle for approximately
39 hr, during which a bending mode test was conducted to determine the
dynamics of the docked configuration. In addition, a 49 min standup EVA was
accomplished, which included several photographic experiments. The Agena
primary and secondary propulsion systems were used to successfully accomplish
six maneuvers in the docked configuration in preparation for a passive
rendezvous with the Gemini VIII Agena Target Vehicle.

Approximately three hr after separating from the Agena (at 48 hr ground
elapsed time), the Gemini Spacecraft achieved its second rendezvous. The
Agena for Spacecraft 8 was found to be in a stable attitude; this allowed
the flight crew to bring the spacecraft very close to the passive ATV. A
38 min EVA was performed during this station keeping period. As part of this
EVA, the pilot retrieved the micrometerorite packaged which had been stowed
on the ATV.

The planned three~day mission was accomplished successfully and was
followed by & nominal re-entry on 21 July 1966. Touchdown was within three
nautical miles of the planned retrieval point in the primary landing area.

Gemini XI Mission

Cemini XI was launched from Cape Kennedy on 12 September 1966 at
9:42 a.m., EST. The Agena Target Vehicle, with which it was to rendezvous
and dock, had been launched one hr and 37 min earlier. The primary objective
of this mission was to rendezvous and dock with the Agena Target Vehicle
during the first revolution. The secondary mission obJjectives were:

A. Conduct docking practice.

B. Perform extravehicular operations.

C. Accomplish 12 in-flight experiments.

D. Conduct maneuvers with the Agena Target Vehicle while in the docking
configuration.

E. Perform a tethered vehicle test.

F. Demonstrate an automatic re-entry.

G. Place the Agena Target Vehicle in a parking orbit.

All primary and secondary mission objectives were achieved; however,
because of astronaut fatigue after installing the tether line, the D016
minimum reaction power tool experiment was not attempted.

Following spacecraft insertion, five maneuvers were performed by the crew

to achieve the first-orbit rendezvous with the target vehicle. Docking with
the Agene occurred at approximately 1:34 GET. At 40:30 GET, using the
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Agena's primary propuleion system, the flight crew increased the apogee of

the docked vehicles to T4l.5 nautical miles. While at this altitude, sequences

~of photographic and scientific experiments were performed.

The spacecraft was undocked at 49:55 GET to begin the tether evaluation.
The 100 ft tether line, which the pilot had attached to the docking bar on
the previous day's EVA, was unreeled. A light tension was maintained on the
tether and a slight spinning motion was imparted to create a small gravity
field. Initial attitude oscillations began to demp slowly, and after 20 min
the rotating combination had become stable. Performance demonstrated that
the rotation of two tethered vehicles was an economical and feasible method
of achieving long term, unattended station keeping. Approximately three hr
after initiation of the maneuver, the crew fired the aft thrusters to remove
the tension on the tether line. The docking bar was then pyrotechnically
Jjettisoned, releasing the tether.

At 65:27 GET, maneuvers were begun to perform the coincident-orbit
rendezvous with the target vehicle. Station keeping was accomplished at
66:40.

The re-entry operation was conducted very precisely using the automatic
mode. Splashdown was 2.5 miles from the prime recovery ship, the U.S.S. Guam.

There were two significant anomalies that occurred during the Gemini XTI
flight. These were a failure in the radar transponder and a failure of
stack 2C of the fuel cell.

Radar Transponder - Information taken from the technical debriefing, the
air to ground voice transmissions, and spacecraft and target vehicle telemetry
showed that initially the transponder was operating properly. This data did
show that the transponder transmitter was graduslly deteriorating. The first
rendezvous was completed satisfactorily; however, initial signs of failure
were evident. Eventually complete transmitter failure occurred coincident
with a failure in the antenna switching circuit. An analysis of the circuit
indicated that a failure of diodes CR610 and CR61ll in circuitry common to the
high voltage enable and spiral disable functions was the cause of the antenna

-switching failure. The nature of this failure coupled with transponder flight

performance history indicated that arcing occurred within the sealed trans-
mitter assembly. The most probable cause of failure was concluded to be a
leak in the sealed transmitter assembly allowing the assembly to reach
critical pressure and, thereby, sustain arcing.

Fuel Cell - Fuel cell stack 2C failed 54.5 hr into the mission. The
five remaining stacks operated satisfactorily in sharing the total load; how-
ever, during two periods it was necessary to activate one of the spacecraft
mein batteries to insure that proper voltage levels were maintained. Post-
flight analysis led to the conclusion that a fire had developed in the stack,
due to spontaneous combustion between the oxygen and hydrogen. However, a
check valve upstream of the fuel cell prevented additional hydrogen from
entering the stack, thus isolating the failure. A reevaluation of the stack's
fabrication and installation did not reveal any anomalous conditions; neither
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had continual monitoring of stack pressure given any indication of impending
failure. This melfunction was therefore deemed a random failure.

Gemini XII Mission

Gemini XII was launched at 3:46 p.m., EST, on 1l November 1966. The
mission's primary objectives were:

A. Rendezvous and dock with the Agena Target Vehicle.
B. Perform extensive extravehicular activity.

The secondary objectives were:

A. Achieve rendezvous with the ATV during the third revolution.

B. Conduct docking practice.

C. Accomplish 13 in-flight experiments.

D. Conduct a tethered gravity - gradient test with the Agena target
vehicle.

E. Perform a successful automatic re-entry.

F. Perform systems' evaluation.

G. Utilize large propulsion systems for space maneuvers (by employing
GATV primary and secondary propulsion systems).

The spacecraft was inserted into an orbit with a 151.9 nautical mile
apogee and a perigee of 86.9 nautical miles. Rendezvous and docking were
accomplished during the third revolution as planned, over the tracking ship
U.S.S. Coestal Sentry, south of Japan.

By applying a retrograde burn of 43 fps using the Agena's secondary
propulsion system, the configuration was placed in a 154 nautical mile orbit,
so that it could phase with the 12 November total solar eclipse over South
America. A second eclipse - phasing maneuver was subsequently performed,
enabling the crew to obtain the first solar eclipse photographs taken from
space.

During the course of the mission, the pilot performed a total of five hr,
37 min of extravehicular activity, including the longest duration single EVA
(two hr, nine min) to date. Included in this record was the performance by
the pilot of measured work tasks at the ATV and at a work station setup in
the Gemini adapter section.

The gravity gradient mode of the tethered vehicle exercise (Ref Gemini
XI Missior, page 46 and Stable Orbit Rendezvous, page 293) was successfully
completed; the entire tethered exercise lasted four hr and 17 min.

The spacecraft splashed down at 2:21 p.m., EST, on 15 November 1966,

within 2.7 miles of the planned retrieval point, providing a further demon-
stration of the accuracy of the automatic re-entry mode.
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All primary mission objectives were successfully accomplished, and
almost all secondary objectives were achieved as well. The requirement for
evaluation of the astronaut maneuvering unit (AMU) was deleted before the
commencement of the mission; in addition, the plan to utilize the Agena
propulsion system to reach a 460 mile altitude while over the U.S. was deleted
due to a suspected problem with the ATV.

At approximately 60:00 GET, during the rendezvous maneuver, the space-
craft rendezvous radar/transponder ceased to function. Since the R & R was
not recovered subsequent to flight, a positive identification of the failure
mode could not be made. At the time of the preparation of this report, a
review of Spacecraft 8, 11, and 12 launch and gqualification test vibration
data are being conducted. The vendor is also performing transponder tests to
further investigate failure modes.

Performence of the fuel cells was normal during the launch count. At
5:45 GET, a water management system problem was revealed by the illumination
of both section oxygen-water delta pressure lights. All available data
indicate that the storage volume for water had been depleted by an oxygen leak
into the water system. This depletion resulted in period of fuel cell
flooding.

The fuel cell electrical performance was affected to the extent that two
stacks had to be shutdown (stacks 2B and 1C) and two others experienced a
significant loss of power. Both failed stacks exhibited a rapid drop of open
circuit voltage potential, an indication of a burnout mode. Nevertheless,
the remaining stacks and batteries provided sufficient electrical power to
achieve all mission objectives. Development and ground test data on fuel
cell anomelies are given in McDonnell Report F-205, Gemini Fuel Cell Perfor-

mance Analysis.

At approximately 40 hr through the mission, the crew reported degraded
performance of OAMS thrust chambers Nos. 2 and 4. Tests performed later in
the mission with the thrust chambers, and post-flight analysis of data
revealed degraded performance from all OAMS attitude thrusters. The best
appraisal of the available facts points to propellant flow restriction as the
cause of the performance loss. This restriction could have resulted from
propellant contamination or the precipitation of iron nitrate from the oxi-
dizer. McDonnell Report F-206, Gemini TCA Anomaly Investigation is being
prepared for submittal to NASA.

Immediately after arming of the RCS A-ring, regulated pressure rose
to a high of 415 psia (nominal is 295 psia). Following thruster initiation,
however, the regulated pressure decreased to normal levels and standard
regulator performence was indicated. Post-flight inspection and PIA tests of
the regulator revealed no anomalies. Subsequent disassembling of the regula-
tor at the failure analysis laboratory provided no positive explanation of
the malfunction; however, scratches were found on the bellows, & metal flske
was found on the valve seat, and contaminant material was discovered on the
regulator spring.
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The contaminant was sent to KSC for analysis. Since normal purging of
the ring seemed to remove the contaminant from the regulator seat and normal
system operation was restored, no further investigation of this anomaly was
deemed necessary.

At 78:30 GET the pressure in the hydrogen vessel of the RSS rose to a
high of 350 psi. After the flight crew hed been directed to position the
heater switch to OFF and the heater circuit breaker was opened, the pressure
declined and the mission was able to proceed with no further hydrogen malfunc-
tion. Post-flight investigation of the switch revealed no anomaly. (Ref
RSS Flight Performance, page 63.) The cause of the Hp pressure rise was
assumed to be intermittent short pulses of power, less than 2.4 sec in
duration. This power application may have been due to an unstable hydrogen
tank pressure switch. Reliebility data on the pressure switch indicate that
the unstable mode of this switch is the most likely failure mode. (Ref
Electrical Memo No. PG-5236, dated 9 January 1967.) Since the Hpo heater has
a redundant manuel back-up, this anomaly is not considered critical.

MAJOR SYSTEMS

EIECTRICAL SYSTEM

Power Sources

The basic electrical power in the Gemini Spacecraft is provided by
batteries, supplemented by fuel cells on most missions. Power is supplied
through a multiple bus DC system in the range of 22 to 30 VDC. Subsystems
which require closely regulated DC or AC voltage contain their own power
conversion components, thus permitting optimum compatibility during flight
operations as well as more intensive development and qualification programs.

The spacecraft power systems consist of a main bus, two squib buses, and
one control bus. The flight crew can control interconnection of these sources,
thus providing additional redundancy and meximum power utilization from all
onboard supplies.

Prior to launch, the spacecraft gets external electrical power through
the umbilical to prevent undue depletion of the spacecraft power supply. For
Spacecraft 1, 2, 3, 4 and 6, batteries provided all the power required for
electrically operated equipment. Fuel cells and battery power were used on
all other flights.

In addition, asmple battery power was available for operations two hr
before launching, and for 36 hr after landing to operate recovery equipment.
The batteries can also provide emergency power to operate the suit compressor
for 12 hr after landing.
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Fuel Cell System. - The General Electric fuel cell provided the main
supply of electrical power for seven Gemini Spacecraft (Spacecraft 5 and 7
through 12). The fuel cell subsystem is made up of two GE fuel cell sections
and an AiResearch reactant supply system (RSS). (See Fig. T.) Both fuel

"cell sections and the RSS are located in the adapter equipment section of
the spacecraft. The RSS is discussed in Reactant Supply System, page 59 of
this report. o :

The fuel cell, supplied with necessary reactants and coolant, provides
the main bus power (ranging from 22 to 30 VDC) for all mission requirements
from insertion until switchover. During the prelaunch and the launch phases,
the fuel cell operates in parallel with the main silver-zinc batteries,
insuring power continuity in the event of the latter malfunction.

A. Fuel Cell Technology - A fuel cell is an electrochemical device that
converts the energy of a fuel and an oxidant into electricity by sustaining
a continuous chemical reaction. Reversing the process of electrolysis, the
fuel cell creates water as a by~product in a hydrogen-oxygen ion exchange that
liberates electrical energy.

The electrolyte of the GE fuel cell is a thin, treated sheet of
polymer plastic. A catalytic electrode structure is bonded to each side of
this sheet to stimulate ion-electron flow at relatively low temperatures. The
fuel cell contains an anode and a cathode. When hydrogen fuel is brought into
contact with the anode and a catalyst, the hydrogen atom releases an electron
to the load drawn by the anode, and also releases ions. A solid polymer
electrolyte keeps the hydrogen and oxygen gases separate, but allows the
hydrogen ions to migrate through to the cathode, where they combine with oxygen
and with electrons that have passed through the external circuit, thus pro-
ducing water.

Balance is maintained by the migration of electrons through the
electrical loads and the migration of ions through the electrolyte. Inter-
ruption of the electron flow in the external electrical circuit stops the
reaction.

The cell converts chemical energy to electrical energy with about 50%
efficiency. The remainder of the energy is largely rejected as heat. For
dissipation of this waste heat, the fuel cells are directly connected to the
environmental control system coolant loops. The temperature of the coolant
entering the fuel cell sections is controlled by an ECS vernatherm valve,
which mixes coolant returning from the spacecraft radiator with coolant coming
directly from the pump packages, thus maintaining a temperature balance.

The water created by the fuel cell must be removed as the reaction
continues. The pressure in the oxygen cavity in the fuel cell (approximately
22.2 psi) is used to drive the water through the porous sintered glaes
separator plates into the water collection basins beneath the cell. The
pressure in these basins is maintained at sbout 20 psi and regulated by an
ECS pressure regulator.
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The Gemini fuel cell system comprises six electrically independent
power-producing units (stacks). (See Fig. 8.) Each stack consists of 32 cells,
connected electrically in series. The stacks are housed, in groups of three,
in two cylindrical containers 0.610 meter long and 0.305 meter in diameter.
Operating together, the two sections produce up to 2 kw at peak power. The
crew can ‘shut down individual stacks at will, or select any combination of
stacks within the system. Each fuel cell section weighs 68 1b and produces
up to 1 kw of DC power at 26.5 V, minimum load, or at 23.3 V, peak load. The
latter values are exhibited at the end of rated life. Initial voltage is
approximately 2 V higher in each case.

The fuel cell section is the asmallest field-replaceable power-
producing unit of the Gemini fuel cell system. An interface plate, which
contains the hydrogen, oxygen, and water valves, the coolant ports, and the
electrical connectors is mounted on each cylindrical container.

To prevent a malfunction from impairing the entire system operation,
stack 1is isolaeted and independently supplied with regulated gaseous hydrogen
and oxygen. In addition, each stack within a section had its own hydrogen
inlet and purge valves. One oxygen purge valve is also provided for each
section. Although purging is normally performed by section, individual stacks
can be hydrogen~isolated or purged on the command of cabin control equipment.

The water collection basins, one beneath each stack, are connected in
series; their output can be isolated from the spacecraft water system by means
of a fuel cell latch solenoid valve.

B. Development and Qualification Tests for the Fuel Cell - A significant
advance in the state-of-the-art involved in the fuel cell was accomplished
with the aid of an extensive development and qualification test program.

Early development tests concentrated principally upon various cell
designs, arranged in configurations of fewer than 32 cells each. These tests
served the dual purpose of developing efficient assembly techniques and
verifying, on a small scale, cell performance for various current densities,
coolant temperatures, and other operational parameters.

Performance investigations were conducted on this configuration, at
the section level, to evaluate operational procedures, cell and stack temp
profiles, purge flow rates, total heat rejection, vibration and life limiting
factors.

These tests culminated in the first production-type sections of the
P2B design.

Qualification testing of the P2B cell design included vibration,
acceleration and shock tests. The P2B test sections were successfully tested
under the conditions producing an electrical load consistent with Gemini
mission requirements.
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Based on the service life expectance of the P2B design, a number of
design improvements were developed and were incorporated into a new configura-
tion, known as the P3 design. Verification tests of the new design were
conducted to determine such items as coolant and pressure level requirements,
and operating life. The qualification test program imposed conventional limits
of acceleration, low temperature, temperature-pressure, and vibration. Three
simulated mission performance evaluation tests were conducted which demon-
strated that the P3 design would meet operational requirements.

Separate qualification test programe were conducted on critical com-
ponents such as valves, membrane and electrode assemblies, and manifolds.
Deficiencies encountered were resolved on an individual basis and components
were retested as necessary to prove the designs. The fuel cells were
integrated with an RSS and a simulated spacecraft distribution system and
were operated in several ambient tests and under temperature-pressure and
vibration conditions. The fuel cell sections performed adequately in these
tests, although a design problem involving water valve corrosion was encoun-
tered.

A stack storage program was conducted to determine any performance
degradation or leakage. The results indicated that the storage time after
initial activation of the fuel cell stacks must be limited, since performance
decreases in direct proporiion to storage time. It was also determined, how-
ever, that the voltage at second activation (at launch) is greater than the
voltage level at first activation.

Therefore, the following procedure was employed. At the time of
premate, the system was initially activated, and then drained of product water
and flushed with distilled water to reduce corrosion hazards. The old water
shutoff vaelve was replaced with a new valve prior to flight. This initial
activation conditioned the stack electrodes, thus providing higher voltage
levels during second activation. Experience gained from laboratory tests
(and Spacecraft 5 flight) demonstrated no loss to system performance for at
* least 30 days after the first exposure to product water. The techniques
evolved held fuel cell degradation to limits of the original acceptance
criteria.

C. Reliability and Quality Assurance Program Results - The reliability
and quality assurance program on the fuel cells comprised essentially four
series of tests: (1) a nine-stack forced-failure test program, (2) a 5%
sampling of the manufactured stacks, (3) a valve endurance test program, and
(4) a number of stress-margin tests.

The nine-stack forced-failure test program was run at loading and
environmental conditions that were well beyond specification limits. These
tests showed that the most significant restraint on fuel cell operation was
temperature. Longer life resulted a&s the coolant inlet temperature was
lowered. The tests also showed that performance was lowered when the operating
pressure of the hydrogen was reduced even though stack life was not signifi-
cantly affected.
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The manufacturing consistency and quality of production cells was
monitored by sampling electrical performance capability of 5% of the stacks
during life endurance tests. These stacks had an average life of 1086 hr,
which well exceeded the requirements for a lli-dsy Gemini mission.

Endurance (cycling) tests were performed on the oxygen, hydrogen, and
water valves and the pressure bellows to determine their endurance and to
ascertain wear out pattern and failure rate. All three bellows were tested
to 129 x 103 cycles and the three O2 purge valves were tested to 194 x 103
before failure occurred. Each inlet and purge valve was tested to 21 x 103
cycles. Fifty percent of these failed, but results compared favorably with
the 15 x 103 cycles quoted by the switch manufacturer. The Ho0O valve was
subjected to 8 x 103 cycles and no discrepancies were encountered.

Stress margin tests were conducted on the water separator assembly
to determine the extent to which pressure, temperature, flow, and vibration
would affect its operation. These tests demonstrated that the assembly could
withstand stresses in excess of the SCD 52-79700 specification for normal
operation. Of the eight units tested, five were tested for leakage under
normal condition and exceeded specification limits of 50 cc/hr. The remsining
units were subjected to three tests: high temperature random vibration, pres-
sure cycling, from both the water and the oxygen sides, and imposition of a
water pressure 20.5 psi greater than the oxygen pressure (reverse pressure).

These tests indicated that the assemblies could withstand conditions
in excess of the required limits before leakage above the established specifi-
cation was evident.

D. Significant Anomalies and Corrective Action for Fuel Cells -~ The major
anomalies encountered during several Gemini missions and the corrective action
taken are presented in the following paragraphs.

Spacecraft 2 - Electrical power for Spacecraft 2 was supplied by four
silver-zinc main batteries, three slilver-zinc squib batteries, and four silver-
zinc special pallet batteries. All fuel cell stack hydrogen inlet valves were
closed prior to launch because a prelaunch facility malfunction made timely
activation impossible, the hoped for engineering evaluation of flight perfor-
mance was not accomplished. However, in-flight information was obtained on
launch effects on the pressurized static reactant supply system. The fuel
cell sections of the first (P2B) design, as used in this mission, are mentioned
in Development and Qualification Tests for the Fuel Cell, page 53.

Spacecraft 5 - In preparation for Spacecraft 5 delivery and launch,
tests indicated an activation and storage limitation. Corrosion of the fuel
cell shutoff valve and the spacecraft plumbing was eliminated by changing the
material of the valve and water connections and by flushing and drying the
system afer the first activation. (Ref Development and Qualification Tests
for the Fuel Cell, page 53.) In addition, a valve for product water was
installed. This valve was improved for later missions.
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Contamination of the by-product water, primarily by organic acids,
resulted in the withdrawal of the plan to use by-product water for drinking.
(Ref Product-Water Potability, page 59 .) Therefore, a storage tank was
installed between the by-product water outlet and the ECS pressure regulator.
A three~ply Teflon bladder in this tank isolated the by-product water from
the cabin water supply.

' During the Spacecraft § flight, the fuel cell performance was nominal,
although system problems led to unusual modes of fuel cell operation. The
following changes were therefore made on later spacecraft: (1) coolant pump
inverters were redesigned to give & high or low flow capability for each loop,
thus conserving power, and (2) coolant loops were reconnected to establish an
independent coolant flow to each section.

Attention during the mission was focused on the water management
system when calculated water production retes created concern over adequate
storage volume. Actions resulting from this on later flights were to improve
measurement of astronaut water consumption thus improving water production
rate determination and the storage capacity required for maintaining the water
pressure at acceptable levels was greatly increased.

Spacecraft 7 - The fuel cell configuration on Spacecraft 7 was essen-
tially the same as that for Spacecraft 5. During the mission, an apparent
blockage or restriction developed in the water management system, which
periodically affected the performance of the three stacks of one fuel cell
section. The evidence did not indicate a system design problem, however, and
all phases of the mission were accomplished satisfactorily.

Pictures taken of Spacecraft 7 in orbit disclosed an ice formation
at the hydrogen vent port. Modifications were made to the vent on later space=~
craft to prevent this icing.

Spacecraft 8 - The Spacecraft 8 fuel cell system was the same as the
Spacecraft T system, except for the hydrogen vent modification. Flight perfor-
mance of the fuel cell during this mission was nominal.

Spacecraft 9 - The fuel cell configuration installed on Spacecraft 9
was the same as that used on Spacecraft 8. The stacks were activated about
15 hr before the scheduled launch on 17 May 1966. However, failure of the
Agena. Target Vehicle to achieve orbit resulted in a two-week postponement of
the mission.

Because of apprehension that the twice-activated stacks would produce
a reduced voltage (Development and Qualification Tests for the Fuel Cell,
page 953), a new fuel cell system was installed and wes launched on 3 June
1966, as part of the Spacecraft 9 mission. This system was nominally activated
and performed without malfunction throughout the mission

Spacecraft 10 - To make room in the adapter section of Spacecraft 10

for two additional orbit attitude and maneuver system (OAMS) bottles, modifi-
cations were made to the fuel cell system. The life support oxygen supply,
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which had provided oxygen only to the cabin, was redesigned to supply the
fuel cell, also. The installation and activation of the flight system was
accomplished without problems, and system performance was nominal throughout
the mission.

Spacecraft 1l - The Spacecraft 1l fuel cell system was the same as
those on Spacecraft 7 through 10. In preparation for the first stack activa-
tion at premate, the system originally installed in Spacecraft 1l received an
inadvertent overpressurization of oxygen. This imbalance was found to be
caused by a malfunctioning aerospace ground equipment (AGE) regulator. The
flight fuel cell sections were therefore replaced and the AGE regulator
repaired; the 0ld fuel cell sections were set-aside for bench testing in order
to determine their condition.

During the first activation load check of the replacement sections,
an AGE valve failure caused helium to be introduced on the hydrogen side of
the cells of both stack sections. The problem aree was isolated from the
system and hydrogen was reintroduced, whereupon a normal deactivation was

begun.

It was subsequently discovered that, due to a procedural error,
approximately 20 hr of deactivation were accomplished without coolant flow
being circulated through the sections. An investigation was undertaken with
the following results: (1) the sections were adjudged acceptable for flight;
(2) the AGE components were given a special inspection and preventive mainte-
nance measures were taken; (3) particular attention was given to fuel cell
protective procedures.

The launch of Spacecraft 1l was twice delayed due to launch vehicle
problems. During the delay, the fuel cells remained activated and were
operated at three amp per stack. Once into the mission, the C stack of Sect. 2
failed at 54 hr and 31 min elapsed time. Review of the flight data revealed
that this was a rapid failure, most probably attributable to burnout; no
indication of impending failure had been received. It was impossible from
the mission data to determine & single cause for this failure. Even with the
failed stack, the electrical power generating capability of the fuel cell
system was nominal, and all mission requirements for power were met.

Spacecraft 12 - Fuel cell installation and activation (Ref Development
and Qualification Tests for the Fuel Cell, page 53) proceeded normally. All
data indicated normal performance during the launch count. At 5:45 into the
mission, both section oxygen-water delta pressure lights displayed the
presence of an anomaly in the water management system. While no final deter-
mination of the failure mode can be made, indications are that a depletion of
the water storage volume, used to maintain pressure control, had occurred.

The cause of the depletion was most probably the leakage of oxygen into the
water system. As a result of the loss, fuel cell flooding occurred.

The electrical performance of the fuel cell was affected to the extent

that during the mission two stacks had to be shut down (stacks 2B and 1C) and
two others experienced a significant loss of power. Both failed stacks
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exhibited a rapid drop of open circult voltage potential - an indication of a
burnout mode. However, the remaining stacks and batteries provided sufficient
electrical power to achieve all mission obJjectives. At the time of this
writing, McDonnell Report F-205, Gemini Fuel Cell Performance Analysis, is
being prepared for submittal to NASA. It provides a detailed study of fuel
cell performance and corrective action.

E. Product-Water Potability - Because of the original intent to utilize
fuel cell product water for astronaut consumption, a tank for storage of the
product water was mounted on the ECS oxygen module on Spacecraft 2, However,
prior to the Gemini V flight (the next mission to utilize the fuel cells),
tests indicated contamination of the by-product water by organic acids.

Neutrelization of the corrosive and acidic qualities of the product
water was attempted by using ion exchange columns. These columns were to be
mounted on the fuel cell module, one column for each section. However,
significant diversity appeared among the product water samples obtained in
testing; experimentation with different resins failed to produce an ion column
which would be suitable for all applications. Therefore the decision was made
to store the fuel cell product water and provide additional containers for
potable water.

The following storage provisions were therefore made:

1. On Spacecraft 5, two 20-in, diameter tanks were installed. The
A tank contained drinking water inside a bladder, pressurized by gas. The
B tank contained drinking water inside a bladder, and both product water and
gas outside the bladder.

2. The same tanks were utilized on Spacecraft T, except that the A
tank, containing the drinking water, was pressurized by product water and the
B tank contained gas in the bladder and fuel cell water outside. Because of
the long duration of this mission, a third tank was installed, in which
drinking water was pressurized by oxygen.

3. On Spacecraft 8 and up, two tanks were provided. In one, fuel cell
product water was pressurized by nitrogen, in the other drinking water sur-
rounded a bladder containing product water.

A more detailed analysis of this problem is presented in McDonnell's
design note History of the Gemini Drinking Water System, dated 6 July 1966.

Reactant Supply System.

A. Design Concept ~ Reactant supplies for the fuel cell are located in
the adapter section of the spacecraft in two double walled, vacuum insulated,
spherical contalners. The reactants, oxygen and hydrogen, are stored in
these containers at supercritical pressures and at cryogenic temperatures.
They provide a "single phase" fluid (i.e., neither a gas nor a liquid) to the
heat exchangers and to the dual Op~Hp pressure regulators. Upon reaching the
heat exchangers, each fluid is converted to a gas, and supplied to the fuel
cells at operating temperatures.
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Several advantages accrue to system design through the use of this
cryogenic storage. Because this storage can be accomplished at lower pres-
sures than would be feasible with a similar quantity of gas stored in the
same amount of space, the danger of structural fallure is greatly reduced. For
the same reeson, associated components can be fabricated from lighter materials.
Furthermore, waste heat from the ECS coolant circuits is utilized in the heat
exchangers, instead of being vented overboard.

If, on the other hand, the reactants were stored as low-pressured
liquids, an additional system to create the necessary delivery pressure at
high flow rates would be required; another disadvantege of this method would
be that weightlessness and certain acceleration forces might at times provide
& two phase (gas and liquid) or unstable, supply of reactants to the heat
exchangers.

RSS oxygen is stored in the spacecraft at approximately -297°F at
14.7 psia; RSS hydrogen is stored at approximately -h23°F at the same pressure.
The tenks are initially filled with the hydrogen and oxygen gas which is
replaced with cryogenic reactant 12 to 24 hr before launch. Because the tanks
are filled from the bottom, it is impossible to drive out all the gas. This
results in what is known as a two phase condition (i.e., gas and liquid). In
order to restore the single phase condition, the heaters within the tanks
are energized, causing the cryogenic liquid to expand. Since this expansion
teskes place in a closed tank, the internal pressure rises. The gas molecules
are pressure driven into a homogeneous association with the liquid molecules.
This campressed fluid state is the single phase condition which is necessary
for optimum system operation.

The heaters remain ON until normal operating pressures are reached
(approximately 910 psi for oxygen, 24O psi for hydrogen). Maximum bottle
pressure is carefully maintained by the relief valves on the heat exchangers.
At both high and low reactant density (i.e., during the initial and final
phases of the mission), minimum heater activation is required. When the
reactants are at approximately a middle density, at the midpoint of the flight,
natural heat leask from the storage containers supplies minimum cryogen flow.

The flow of reactants to the fuel cell system is reduced to delivery
pressures by the dual Op-Hs pressure regulators and dusl relief valves. The
pressure regulators use the regulated gas pressure in the by-product water
storage tank as a reference to regulate the hydrogen pressure, which in turn
is used as the reference to regulate the oxygen pressure. (A schematic of
the RSS system is illustrated in Fig. 9.)

The system senses the generation of product water, and permits suffi-
cient reactant flow to the fuel cell cavity to maintain a constant pressure on
the porous glass separator plates above the water basins. (Ref Fuel Cell
Technology, page 51.) Product water pressure is maintained at approximately
20 psi. Hydrogen pressure is reduced to approximetely 21.7 psi for delivery
to the fuel cell; oxygen pressure is reduced to approximately 22.2 psi. Thus
the regulators are set to maintain & hydrogen pressure of approximately 1.T70
psi greater than the product water pressure, and an oxygen pressure
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approximately 0.5 psi greater than the hydrogen pressure. These pressures
are read ou on the differential pressure meter in the cabin and on ground

telemetry.

The temperature of the reactants provided to the fuel cell is con-~
trolled by the reactant supply heat exchangers, located immediately downstream
of the storage tanks. These heat exchangers automatically control the reactant
temperature by absorbing and transmitting heat from the recirculating coolant
fluid. When leaving the storage tanks, the temperature of the oxygen is in
the range of -297°F to -160°F; the temperature of the hydrogen ranges
between -Ii230F and -360°F. Before the reactants are supplied to the fuel
cells, the heat exchangers raise their temperatures to a minimum of SQ0°F and
a meximum of 140°F.

Normal operation of the fuel cell requires that the system be purged
several times during a mission. Purging removes inert gases that accumulate
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within the cells and restores fuel cell operation to near its original level.
The frequency of the purgesis in proportion to the section current being
drawn. For section currents of 18 to 30 amp, a purge is required every four
hr; for currents of 30 to 45 amp, & purge is necessary every two hr. The
normal section purge takes approximately 11 sec for hydrogen and two min for
oxygen.

In addition to the components mentioned, provisions for servicing the
system require shutoff valves which isolate the 02 and Hp storage tanks from
the rest of the RSS, and check valves which permit gaseous reactants to be
introduced from AGE sources.

B. Development Test for the Reactant Supply System ~ The components of
the RSS were developed to meet the specific applications of & cryogenic,
supercritical environment. Subjected to extensive development testing were
the cryogenic storage tanks, the water and gas pressure regulators, the heat
exchangers, the control, check, and relief valves, and the gauging systems.

This development testing evolved the ability to use the same type of
heat exchanger in both hydrogen and oxygen systems. In addition, since the
oxygen portion of the RSS was similar to that of the envirommental control
system (ECS), an interchange of information and hardware was possible in
certain areas.

Development testing of both the hydrogen and oxygen high pressure
relief valves revealed internal leakage and an out-of-tolerance condition
caused by wear on internal operating parts. New valves which held tolerances
to required specifications were therefore tested; in addition, revised inspec-
tion and cleaning procedures were adopted.

Tests conducted on the hydrogen cryogenic containers revealed the need
for a redesign because the internal retaining nuts were backing off under
vibration. Additional testing verified that new locking techniques would
withstand vibration.

C. Qualification Tests for the RSS ~ Wherever possible, qualification
of the reactant supply system was demonstrated at the system as well as at
the component level, due to the close interrelationship of all components in
supplying satisfactory performance.

The RSS qualification test status 1s summarized in Table 2. All
subassemblies and components were successfully subjected to the complete test
program, which includes environmental, dynamic and temperature-altitude
testing.

In addition to this program, both the oxygen and hydrogen subsystems
were successfully subjected to six lh~-day simulated missions. Test conditions
covered the full range of fluid quantities, system pressures and internal-
‘heater duty-~cycles expected in Gemini flights. In addition, fuel-cell purge
cycles were simulated to include the effect of sudden, brief flow rate
excursions.
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TABLE 2 QUALIFICATION STATUS — REACTANT SUPPLY SYSTEM
SPACECRAFT 5 & UP DESIGN APPROVAL

" MAJOR ENVIRONMENTS
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SM H, -205 C C C C A A A A C
GAGE CONT SM 0, -83 A A C C A C A A (o
SM H, -85 A A C C A C A A C
CHECK VALVE - H, & 0, -95 C Cc C C A A c c
LO PRESS VALVE & H,-0, -181 C C C C A A C C
REGULATOR H,-0, -185 (o (o C C A A c C
HI PRESS VALVE H,-0, -195 C C c C A C C C
CONTAINER sM 0, -167 c (o (o C A A C A (o1
SM H, ~165 C A C C C A (ot A C
PRESS SW - 0, —183 C C C C A A (of
H, -179 C C C C A A C C
TEMP SENSOR -37 C C C C A A c C
PRESS TRANSD H, -197 C C C c A A C C
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INVERTER — GAGE -45 [ c|c |J]cjc | Afc|c C
FILL & VENT VALVE H, -57 C C c | c A A C c
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C =TESTING COMPLETE

A = TESTING NOT REQUIRED

D. RSS Flight Performance ~ The RSS performed with only minor anomalies

on Spacecraft 2, 7 and 8.
oxygen pressure control heater failed.
below the normal control range; however, the system continued to perform
satisfactorily at the lower pressure level.
whether this failure occurred within the heater or in the spacecraft wiring.
The following corrective action was therefore taken:

Shortly after the launch of Spacecraft 5, the
As a result, oxygen pressure decreased

It was not possible to determine

le Redundant wiring was provided to the oxygen heater.
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"2+ A high-pressure crossfeed was installed linking the ECS oxygen
supply tank and the fuel cell oxygen reactant tank. This crossfeed connhec~
tion, made downstream of the heat exchangers, allowed warm oxygen from the
ECS tank to be supplied to the RSS tank in the event of an RSS heater malfunc-
tion. Pressurization from one tank would be sufficient to pressurize both
systems with the crossfeed on. The possibility of snother fallure was
minimized, since the ECS oxygen tank has redundent heaters.

The long-mission hydrogen tank in Spacecraft 7 was modified to improve
its thermal performance by adding a regenerative cooling line, insulated
container mounts, and an external wrapping of several layers of Mylar. A
pyrotechnic pinch-off tube cutter was added to blow open a valve in the outer
hydrogen vessel in the event of heat leak during the mission. Blowing this
valve allowed the pressure of the space vacuum to restore the vacuum between
the inner and outer bottles of the hydrogen vessel, thus holding the heat
leakage to a minimum.

Subsequent to Gemini VII, all spacecraft utilized the short-mission
hydrogen vessel and either a short-mission RSS oxygen vessel cross-connected
to a long-mission ECS oxygen vessel (Gemini VIIT and IX) or a shared long-
mission ECS oxygen vessel alone (Gemini X through XII). Pyrotechnic pinch-off
tube cutters were added to each of the hydrogen vessels for all remaining
spacecraft.

At 26:58 into the Gemini IX mission, the hydrogen vessel indicated
zero fluid quantity, both on the cebin readouts and through telemetry. FPost-
flight investigation revealed that the panel gauge, its internal telemetry
potentiometer, and the gauge-control output circuitry were operating properly.
It was therefore concluded that the failure had occurred in the quantity
sensor or in the sensor-to-controller wiring. Since both of these potential
failure points are in the equipment adapter, further failure analysis was
impossible. However, since all other data indicated that the RSS continued to
function properly, loss of hydrogen quantity indication was felt to be an
insignificant anomaly, and the mission continued with no need to utilize
either back-up systems or alternate procedures.

Speclal operating procedures were written for experimental in-flight
use of the hydrogen pinch-off-tube cutters on Spacecraft 9 through 12. Ioss
of the hydrogen quantity readout on Spacecraft 9 prevented precise assessment
of the thermal performance improvement. The cutter was again successfully
blown on Spacecraft 10 but the lack of long-duration constant-extraction-rate
periods prevented accurate performance determinations. On Spacecraft 1l the
hydrogen vessel exhibited a 9.5 improvement (heat-leak decrease) 24 hr after
blowing the valve; on Spacecraft 12 flight data confirmed a 22% improvement.
It is apparent that valve blowing is effective in improving vessel performance
to the original as-built level, thereby nullifying the degradetion which
occurs in the months prior to flight. There is no indication, however, that
this action improves the vessel beyond the original performance limits.

At 78:30 hr into the Gemini XIT mission, the pressure in the hydrogen
vessel of the RSS rose to 350 psi (240 psi is the normal operating pressure).
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This situation was corrected by directing the crew to reposition the heater
switch from AUTO to OFF. Subsequently the HpO2 heater circuit breaker was
opened. Analysis demonstirated that the heater had been intermittently
activated over a 103-min period during the Hp pressure increment. However,
flight data revealed that after switch operation the tank pressure gave
indications of declining prior to the opening of the circuit breaker. Post-
flight investigation included an inspection of the connector potting, of the
wire bundles, and of the switch mounting. No shorting conditions were
revealed. The heater switch was then removed for failure anelysis, during
which it was subjected to x-ray inspection, contact IR drop measurements,
cycling, dielectric testing, and dissection. No discrepancies were found as
a result of this investigation. Because of adapter loss, it was not possible
to determine if failure in the pressure-switch or in the adapter loss, it
was not possible to determine if failure in the pressure-switch or in the
adapter wiring had caused the anomaly. Once the heater had been deactivated,
the mission was able to proceed with no further RSS incident.

Batteries.

A. System Concept -~ Three types of silver-oxide zinc Eagle Picher
batteries were employed on Gemini Spacecraft. The standard complement was
four 45 amp/hr main batteries, located in the re-entry module, three 15 amp/hr
squib batteries, stowed in the spacecraft right hand equipment bay, and, for
spacecraft which did not employ fuel cells, three 400 amp/hr batteries
installed in the adapter section. (See Fig. 10.) All the batteries are
activated and sealed at sea level pressure; all are capable of operating in
any attitude in a weightless state.

Each battery case has a pressure relief valve to permit the escape
of gases. Battery temperatures are controlled by mounting the battery cases
in direct contact with spacecraft coldplates.

In every case, prime consideration was given to the maximum power-to-
weight and power-to-volume ratios, and to high reliability, storage, and
activated life. Simplified activation and test procedures, plus minimized
handling requirements, were important factors in the design and development
of these batteries.

A significant advancement in the state-~of-the-art was the use of
titanium instead of stainless steel as the case material in both the main
battery and the squib battery. This substitution resulted in a weight
decrease of 16% or more with no loss of battery strength.

B. Main Batteries - The four batteries installed in the re-entry module
supplied a portion of the main bus power during launch and all of the main
bus power during the re-entry, landing, and post-landing phases of the mission.
Bach of these batteries has a rated capacity of 45 amp/hr at a discharge rate
of 20 amp and an activated stand life of 30 days. An analysis of individual
battery performance based on telemetered data and post-mission testing
indicated that each battery possessed an average capacity of 49.32 amp/hr
at potentials up to 20 volts.
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BATTERY MODULE
STRUCTURE ASSEMBLY (REF)

WATER STORAGE
TANK (REF)

SILVER ZINC
BATTERIES
(A, B, AND C)

FIGURE 10 ADAPTER BATTERY MODULE"

The change to titanium cases increased the performance at 24 volts
from 45 hr per pound of battery weight to Sk hr per pound. Estimated mission
loads on the four batteries varied from 32.0 amp/hr on Gemini V to 118.01%
amp/hr on Gemini XIT, with an average mission load of 55.12 amp/hr per space-
craft through the Gemini XII flight. (*This figure includes fuel cell back-up
usage prior to retrofire.)

C. Squib Batteries ~ The three squib batteries supply power for squib-
activated pyrotechnic devices throughout the mission; in addition, they
provide power to the common control bus for the relays and solenoids to the
environmental, communicetion, instrumentation, and propulsion systems. These
batteries are mechanically and electrically isolated from all other batteries
in the system.

To provide a redundant power supply in the event of the malfunction
of the squib battery section, the astronauts can connect squib circuitry to
the main batteries.

Each squib battery has a rated capacity of 15 amp/hr, an activated
stand life of 14 days, and & power-to-weight ratio of 42 watt-hr per pound
of battery weight. Post-flight discharge testing on each battery indicated
an average capacity of 14.73 amp/hr. An additional property of this battery
is its ability to respond rapidly to high loading conditions, making it
especlially effective in firing high-load, short-duration squibs.
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Power delivered to the- spacecraft by the three squib batteries was
estimated to range from a low of 6.0 amp/hr on the Gemini VI mission to a
high Of 27.4 smp/hr on the Gemini V mission.

In addition to the installation on the Gemini Spacecraft, two 15 amp/
hr squib batteries were mounted in the augmented target docking adapter (ATDA)
for the Gemini IX A mission. Their purpose was to supply power to the squib
bus for ATDA/launch vehicle separation, for shroud separation, and for RCS
pyrotechnic devices.

D. Adapter Batteries - Adapter batteries were used in Spacecraft 3, y
and 6. Spacecraft 3 and 6 each had three 400 amp/hr batteries installed in
the adapter section; these batteries provided the primary source of electrical
power for the two relatively short missions. Spacecraft 4, the only spacecraft
to fly an extended mission (four days) without fuel cells, required six koo
amp/hr batteries.

On the three missions in which these batteries were utilized, they
provided power to the main bus for the communications, environmental, guidance,
and instrumentation systems, as well as cabin and EVA lighting and power for
customer experiments.

The discharge rate of each 400 amp/hr battery is between 20 and 25
amp; each has an activated stand life of 30 days. By using magnesium for the
battery case, a power-to-weight ratio of 83 watt-hr per pound of battery
weight was achieved. Power delivered to the spacecraft by the adapter
batteries was estimated to range between 265 amp/hr for the Gemini III mission
and 2032 amp/hr for the Gemini IV mission. Neither the ATDA nor the adapter
sections were recovered; therefore no post-flight measurement of the capacity
of the flight batteries was possible.

Three 400 amp/hr batteries were installed on the ATDA for the
Gemini IX A mission. These batteries provided primary power to the main bus
for the following systems and functions: the digital command system (DCS),
the attitude thrusters, two C-band radar transponders, the TM subsystem, the

rendezvous radar transponder, and the docking, latching and unrigidizing
operations.

E. Qualification and Reliability Test Program for Batteries - Eleven 45
amp/hr batteries, eleven 15 amp/hr batteries, and nine 400 amp/hr batteries
were used in the qualification and reliability test program.

The philosophy of the qualification test program was to duplicate,
as closely as possible, maximum-duration mission conditions, from battery
activation through spacecraft recovery. For this purpose, batteries were
subjected to a sequence of environmmental tests, including vibration, high
temperature, landing loads, and shock tests. In addition, the stand life and
mission duration capabilities of the batteries were rated.

The reliability tests demonstrated that the three types of batteries
could withstand extremes of environment and activated stand life and still
produce the rated capacity. Additional tests on the 400 amp/hr battery indi-
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"cated that the battery's ability to deliver the rated capacity is impaired
after a stand life in excess of 30 days.

Extra tests demonstrated the load sharing characteristics of the
45 emp/hr and the 400 amp/hr batteries when connected in parallel. Results
indicated & combined capacity of the two batteries which ranged from 500 amp/
br to 509 amp/hr. Until it was practically expended, the 45 amp/hr battery
contributed almost the same portion of the total load current as the larger
battery. This test effectively demonstrated the competibility of the two
batteries. :

Power Distribution and Msnagement

Power is fed from the primary power sources to the main, squib, and
control bus systems for Spacecraft 3 through 12. The systems used on
Spacecraft 1 and 2 were unique, and therefore are discussed in separate
paragraphs.

Main Bus System. - Power from the main bus is fed through circuit breakers
or fuses to the using equipment. Astronauts control onboard equipment powered
from the main bus based on an evaluation of instrument panel display or at the
direction of mission control.

Squib/Control Bus System. = The squib/control bus system consists of three
diode-isolated 15 amp/hr silver zinc batteries, which provide power to two
isolated and redundant squib buses and to the control bus through the series
diodes. As an emergency measure, "bus tie" switches on the instrument panel
permit application of power to the squib and control buses from the main bus.
Circuit protection for squib/control bus loads is provided by fusistors for
pyrotechnic firing circuits and by circuit breakers for control circuits.

Power management for this system is similar to that for the main bus system.

Spacecraft 1 Power Distribution and Management. - All power for Space-
craft 1 systeme was supplied by one 45 amp/hr silver zinc battery through
circuit breakers. Since all equipment was powered continuously from lift-off,
no in-flight switching was required. However, power control was provided
via umbilical to the blockhouse for prelaunch activities, and by an ON-OFF
switch for earlier ground operations.

Spacecraft 2 Power Distribution and Mansgement. - In addition to the
main and squib/control bus systems noted above, two sequencer buses with
circuit breaker overload protection were provided on Spacecraft 2 to power
the flight sequencers. During flight, equipment was powered either by the
preset sequencers or by ground command via the digital command system.

Problems Encountered and Resolution.

A. Ammeter and Voltmeter Fluctuations - A review of films from cameras
on Spacecraft 2 showed fluctuetions of the ammeter and voltmeter needles after
landing. The films also showed fluctuations of the attitude ball corresponding
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in frequency to those of the ammeter and voltmeter. It was concluded that the
oscillations were induced by wave motion after splashdown. The magnitude of
the motion overrode the mechanical demping capability of the measuring instru-
ments. To verify the conclusion, a stock ammeter was tested and it was
determined that movement parallel to the meter-sensitive axis resulted in
fluctuations similar to those shown in the films. Since any recurrence would
be recognized and would have no deleterious effect on mission accomplishment,
no further action was taken.

B. Fuse Block Moisture Penetration - Several fuse blocks showed evidence
of moisture penetration when opened for post-recovery inspection. An improved
vater proofing technique was used on all fuse blocks, starting with Space-
craft 4. In addition, the inertial guidance system fuses and primary Op
heater fuses were moved downstream of the control switches for Spacecraft 7
and subsequent spacecraft. With this circuitry, employment of a power-down
procedure shortly after impact would remove power from all fuse blocks and
eliminate any adverse effects due to salt water penetration.

C., Circuit Breaker Opening - Post-flight inspection of Spacecraft 2
indicated that a number of circuit breakers were in the tripped position even
though they had functioned properly during the flight. It was found that the
circuit breakers in the re-entry control system had been tripped by salt water
shorting at the thruster solenoid disconnects due to an undersize O-ring
seal. All other tripped circuit breakers were inadvertently actuated by the
recovery team dquring power~down. To eliminate salt water shorting after
landing, astronauts were instructed to turn off all switches and circuit
breakers associated with hot circuits. O-rings of the proper size were
installed on the re-entry control system thruster solenoid valves, starting
with Spacecraft 3.

D. Post-landing Indications of Main Bus Power Fluctuation - For Space-
craft 9 and 10, telemetered data indicated excessive variations in main bus
povwer. Considerable post-mission test and effort were expended bhut the cause
could not be determined. On Spacecraft 11, a determined effort was made to
monitor main bus voltages and currents after landing, and to review the
telemetered data. Here, there was no indication of abnormal operation.

A rereview of available information included static fire sea tests
and instrumentation system immersion qualification tests. It was concluded
that the improper indications were the result of salt water immersion of the
instrumentation system. Control of the environment of each spacecraft prior
to flight assured that missions would not be affected. Further effort became
the concern of the instrumentation system rather than the power and the power
distribution system.

E. Inadvertent Circuit Breaker Openings -~ On Spacecraft 94, 10, 11 and
12, various circuit breakers were found open at times of greatest astronaut
activity, such as EVA. In all cases, these circuit breakers were reset and
remained closed during the rest of the mission.
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Sequential Systems

There were no sequential system requirements for Spacecraft 1. For Space-
craft 2 through 12, the sequential systems were utilized to separate spacecraft
modules, Jjettison serodynamic fairings, ignite the retro-rockets, deploy
parachutes, and perform numerous other functions. The sequential systems are
discussed in the following parsgraphs.

Boost, Insertion, and Abort Sequentiasl System. = This system enables the
astronauts to separate the spacecraft from the launch vehicle and to Jettison
the nose and horizon scanner fairings. In case of an abort during launch the
system provides for shutdown of the booster engines and separation from the
launch vehicle.

Retrograde Sequential System. - This system ignites the retro-rockets,
separates the equipment adapter and retroadapter modules, and jettisons the
horizon scanner heads. The astronauts initiate all retrograde sequential
events except for the lignition of retro-rockets, which are ignited automati-
cally by the TR signal from the time reference system with manual back-up by
the astronauts at TR + 1 sec.

ILanding and Post-landing Sequential System. -~ Astronauts initiate
landing and post-landing sequential events based on their evaluation of instru-
ment panel displays. The system deploys the drogue, pilot, and main parachutes,
actuates the cabin air inlet door, separates the rendezvous and recovery
section, jettisons the main parachute, and extends the recovery hoist loop and
flashing light. On Spacecraft 2, the drogue stabilization chute was not
installed.

Flight Sequencers. - Spacecraft 2, was adapted for unmenned flight by
installing two redundant flight sequencers to initiate functions which would
normally be performed by the astronauts. The sequential systems described
above were not altered to accommodate the flight sequencers.

Docking Sequentiel System. - A docking sequential system was installed
on Spacecraft 6 and 8 through 12 to incorporate rendezvous and docking func-
tions. The docking system controls enable the astronauts to extend the index

bar, to separate from the Agena vehicle in an emergency, to initiate the
rigidizing end unrigidizing sequences, and to arm the Agena vehicle engine.
The index bar is Jjettisoned and the doors are closed over the latch receptacle
when the pilot jettisons the retroadapter. If the docking letches have not
been jettisoned or the index bar has not been extended, these functions also
are performed with retroadapter jettison. To accommodate the Gemini-~-Agena
tether experiment, the docking system on Spacecraft 11 and 12 also jettisons
the index bar and latches, and closes the doors over the latch receptacle
independently of Jjettison of the retroadapter.

Problems and Resolutions in Sequential Systems. - Listed below are
major problems encountered in sequential systems operation during flight or
post~-flight inspection. Action taken to preclude reoccurrence is also
presented.
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A. Retropackage Separation Sensor Failure - Instrumentation parameter
ADO4, retropackage separation, was not received on Spacecraft 2. Post-flight
inspection revealed that retroseparation limit switches 2 and 3 had not been
actuated. A failure analysis revealed excessive corrosion on one of the
failed switch assemblies. As a result of this corrosion excessive external
force was needed to operate the switch. On Spacecraft 3 the switches were
deactivated and on Spacecraft 4 and up the switches were removed.

B. Loss of Pilot Chute Deploy Instrumentation Parameter - Telemetry
indication parameter AEO2, pilot chute deploy, was not received. An inspection
of the toggle switch which senses the pilot chute deploy revealed that the
lanyard had become untied. The length of lanyard recovered was sufficient to
allow it to be tied to the switch bat handle with adequate slack remaining.
Closer attention was paid to the tle procedure for subsequent spacecraft.

C. Thruster Activity After Impact - Spacecraft 2 recovery forces
reported RCS thruster activity in the water. Post-~-flight inspection of the
attitude control electronics package indicated that an aerospace ground equip-
ment disconnect was not adequately waterproofed, thereby causing thruster
firing due to salt water shorts. The following action was taken effective
Spacecraft 3 and up to prevent reoccurrence of the problem:

1. The AGE disconnect was waterproofed.

2. Astronauts were instructed to open all RCS thruster circuit
breakers after impact.

3. Motor operated shutoff valves were incorporated in the fuel and
oxidizer lines to be closed prior to impact.

D. Loss of Manual Fire Retroinstrumentation Parameter - Telemetry indica-
tion of parameter ADO6, manual fire retro, was not received on Spacecraft k.
Investigation revealed that relay K4-37, manual retro latch relay, was not
latched in. The manual retrofire circuit and associated items were thoroughly
checked and found satisfactory. The anomaly could be duplicated only by not
pushing the switch through the operate point. No further action was taken.

E. Loss of Equipment Adapter Separate Instrumentation Parameter - Telem-
etry indication of parameter ADO2, equipment adapter separate, was not received
on Spacecraft 4. Investigation revealed that relays Ki-66, and Kik-67, abort
discrete latch relays, which are energized by the equipment adapter separation
sensor switches, were not latched in. These relays, plus all wiring associated
with the equipment adapter separate sensing circuitry that was recovered,
were thoroughly checked and no discrepancies were found. Since all recovered
circuitry checked out, the most likely cause of failure was the separation
sensor switches. On Spacecraft 5 and up, the only function of the equipment
adapter separate sensing switches is to illuminate the SEP ADAPT telelight
green and to provide telemetry indication.of separation. The telelight
switch 18 used in place of the separation sensor switches to provide the abort
discrete to the computer.

F. Optical Sight Malfunction = On Spacecraft 5, the reticle light on the
optical sight did not illuminate. The failure was traced to an open wire in
the utility cord that provided power to the optical sight reticle light. The
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‘cord failed because of excessive strain that was applied when the cord was
extended. A design change added a strain relief clamp at the connector back
shell, insuring sufficient wire slack.

G. Docking Pyro Igniter Failure ~ Post-flight analysis of Spacecraft 6
revealed that the latch release, latch door release, and index bar Jettison
igniters powered from squib bus No. 1 had not fired. All pyro devices func-
tioned normally due to ignition of the redundant squib bus No. 2 igniters. All
unfired igniters are normally fired at retropackage jettison if the nose
fairing has been previously Jjettisoned. The firing signal is interlocked by
a latch relay which is latched in when the astronaut depresses the Jjettison
feiring switch. It was determined that relay K3-86, nose fairing Jjettison
latch relay, had not been latched in, thereby locking out the sgquib bus No. 1
firing signal. The failure was lsolated to the nose fairing Jjettison switch,
part No. 52-79719-7, during component tests on the switch. An operational
test at reduced pressures revealed that one pole of the switch was inoperative
due to canting of the switch actuator plate. For Spacecraft 8, all switches
were replaced with units which had been subjected to a 48 hr soak at 10-> psi
and a 48 hr soak at five psi with a functional test conducted each hr. On
Spacecraft 9 and up, all switches were replaced with units which had been
modified to permit an additional 0.015 in. of plupger travel. In addition,
all switches are subjected to a 48 hr soak at 1077 psi, with a functional
test conducted each hour during exposure.

H. Amber IND RETRO ATT Telelight Anomaly - On Spacecraft 8, the astro-
nauts reported that the IND RETRO ATT telelight failed to illuminate amber
at TRf256 sec. When the telelight switch was depressed, the green light was
illuminated as expected. The circuitry is such that if the TR-256 sec signal
from the time reference system is not received, neither the green nor the
amber light will illuminate. Therefore, the failure was restricted to the
light assembly or to the wire connected to the amber telelight. All circuitry
and the telelight switch were examined after flight and no discrepancies
were found. No further action was taken.

I. OAMS Yaw Thruster No. 8 Anomaly -~ This thruster intermittently fired
without command for 17.5 min while Spacecraft 8 and the Agena were docked
and undocked. The exact cause of failure was never determined and is con-
sidered to be complex. To prevent a recurrence, a switch was installed on
the astronaut's control panel in Spacecraft 9 through 12 to cut off electrical
power to all 16 attitude and maneuver thrusters.

Jde Loss of Automatic Control of Hydrogen Tank Heater - At approximately
75 hr of Spacecraft 12's mission, the Hp tank pressure could not be controlled
with the Hp heater switch in AUTO position. The Hp heater switch was placed
to OFF and Cryo O2 and Ho HTR circuit breaker OPEN. Post-flight analysis
revealed no discrepancies in the recovered portion of the circuit and indicated
that the most likely cause of the malfunction was a failed Hp tank pressure
switch.

K. Sunmary - There were no major problems associated with the overall
program in the power distribution and management or sequential systems. Hard-
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ware, design, menufacturing and operational failure were minimsl and random
in nature. Cause of peveral of the failures could not be determined, either
because the circuits functioned properly on post-flight inspection or because
the failed component was not recovered.

COMMUNICATION AND TRACKING SYSTEM

The communication and tracking system provides two-way voice communica-
tion, ground-to-spacecraft command link, spacecraft-to-ground telemetry trans-
mission, radar tracking signals and recovery aids. Subsystems consist of
telemetry, tracking, voice communications, digital command, antennas, and
recovery aids. (See Fig. 11 and 12.) These subsystems are discussed in
Voice Communications, page 73 through Major Problems Encountered with Delivered
DTS Tape Recorders, page 109 of this report.

Voice Communications

The voice communications subsystems include the voice control center,
two UHF voice transmitters-receivers (transceivers) and one HF voice trans-
ceiver. The UHF transceivers have a tranamitter output of three watts each.
The HF transmitter output is five watts.

The voice communication system provides communication between the
astronauts, between the blockhouse and the spacecraft during launch, between
ground stations and the spacecraft from leaunch through re-entry, and between
the astronauts and the frogmen during the water recovery. The voice subsystem
also supplies communication between the spacecraft and recovery forces during
landing and post-~landing.

The voice control center (VCC), located on the spacecraft center
instrument panel, is the central control and distribution point for the voice
communication system. The VCC provides for intercommunication between the
astronauts, for control and distribution of audio to and from the trans-
ceivers, intercommunication with the ground complex prior to launch, and a
tone for direction finding.

The voice communication system is designed to furnish independent or
"time~shared" capability in either UHF or HF voice links to the astronauts.
Each astronaut has redundant microphone and headset amplifiers, mode switches
and volume controlsg. Controls common to both astronauts are the HF and UHF
select switches, voice tape recorder control switch, squelch controls, keying
mode switch, and e silence switch for use during sleep periods.

Electro-Voice noise cancelling microphones are supplied to NASA for use
in the helments. Lightweight Electro-Voice headset assemblies are also pro-
vided for use when the helmets are off.

The redundant UHF voice radios provide increased reliability. Only one
HF radio is employed, however, because of its limited use. The UHF and HF
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systems are complementary in that line-of-sight communications will utilize
UHF and HF will be used for over-the-horizon spacecraft-to-ground communica-
tion. These units are isolated electrically to minimize failure modes.

Subsystems and Spacecraft Evaluation.

A. Subsystem Evaluation - All the components used in the voice system
were subjected to extensive testing prior to installation in the spacecraft.
The vendor performed a predelivery acceptance test on each unit. This con-
sisted of a low-temperature/high-temperature test, a vibration test and a
complete electrical performance test. After delivery to McDonnell, the unit
was again subjected to a complete electrical performance test before it was
installed in the Geminli Spacecraft.

B. Spacecraft Evaluation - After installation in the spacecraft, voice
communications operation was evaluated at the system level. Time critical
parameters such as RF power, center frequency, audio distortion and receiver
sensitivity were monitored throughout the spacecraft testing at both St. Louis
and at Cape Kennedy for possible equipment replacement.

Design, Development and Qualification Program.

A. Design Program - The voice subsystem components (HF and UHF trans-
ceivers and the VCC) were designed and built by Collins Radio Company to
McDonnell's specifications. System design was based on the design utilized
for Project Mercury. Problem areas encountered during the Mercury program
were reviewed and corrective action was taken to avoid a recurrence on Gemini.
An extensive development test progrem was initiated during the early design-
phase to uncover possible problem areas requiring redesign.

B. Development Program - During the design phase, the individual voice
system components were subjected to development tests in those environments
which were considered critical. A summary of the environments used to qualify
the units is attached as Table 3. In addition to the component tests,
extensive development tests have been conducted at the system level. These
programs are summarized in Table 4. A brief description of the tests
performed follows:

1. Electronics Systems Test Unit (ESTU) - The ESTU was a laboratory-
fabricated spacecraft mock-up. The objective of this test was to assemble all
electronics systems and determine if any interface problems existed. Various
systems were operated simultaneously to determine the amount of interference
among them.

This testing revealed several problems. Among these were inverter
noise coupling into the audio lines, feedback between the cabin speaker and
the astronaut's helmet, and incorrect audio levels in the VCC. Corrective
action consisted of installing double-shielded wiring for the audio; ultimate
elimination of the cabin speaker, and vendor testing and modification of the
vCC.
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2. Compatibility Test Unit (CTU) - The CTU was a more sophisticated
spacecraft mock-up used to gain further information on systems performance.
This mock-up employed standard spacecraft wire bundles and had a structure
similar to a prdéduction spececraft.

~ The problem areas discovered during ESTU testing were further
investigated during the CTU tests. Test methods and procedures to be used
during production spacecraft system testing (SST) were finalized.

3. RF Compatibility Test - The RF competibility test was performed
on & screen wire mock-up equipped with all the spacecraft antennas and the
spacecraft and Agena RF components. The RF sources were operated to determine
if any RF interference existed between the systems.

The test results indicated that RF interference existed on the
UHF receiver when the spacecraft and the Agena telemetry transmitters were all
operating. This condition would never exist during a normal mission, since
only two of the three telemetry transmitters are operable at the same time
during flight. For this reason, the RF interference was not considered & sys=-
tem incompatibility.

k. Tracking Station Fly-Over Tests - The fly-over program, in which
the voice communication system was installed in an aircraft, was conducted to
verify station operation and check the compatibility of the spacecraft equip-
ment with the ground stations' equipment. No problems were encountered with
volce system operation during these tests.

C. Qualification Program - All of the voice system components success-
fully completed the qualification program. A detailed summary of the qualifi-
cation program is contained in Table 3.

Religbility and Quality Assurance Program. - In order to maximize the
reliability of the voice system components, the vendor incorporated all of
the standard reliability procedures into the program. These consisted of
vendor surveillance, qualification testing, parts screening, reliability

estimates, design review, and failure analysis and reporting.

The reliability assurance test consisted of two parts: (1) voltage and
temperature overstress, and (2) vibration overstress. Performance degradation
caused by the overstress conditions was noted on several parameters, but it
was determined that the degradation was not significant enough to Jjeopardize
successful voice communications.

Flight Results. - The only flight failure of a voice system component
was an HF voice transceiver anomaly on Spacecraft 2. The HF unit failed to
operate properly after splashdown. It was removed from the spacecraft and
returned to the vendor for failure analysis; subsequent investligation revealed
that the fallure was caused by a shorted diode. Tests indicated that at turn
on, the peak-inverse voltage (PIV) of the diode was exceeded, causing the
failure. This problem was corrected on all remaining HF radios by substitu-
ting a diode with a higher PIV. No further anomalies were encountered.
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TABLE 3 QUALIFICATIONS TESTS
COMMUNICATION AND TRACKING
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Major Problem Associated with Program. - During the development program
on the UHF radios, a problem was encountered with the 8185 power amplifier
tubes. The tubes exhibited "cathode slump" and fatigue of the mica spacers.
The result was a drop in RF power. The corrective action employed was to
incorporate an improved type tube with a modified spacer and different
(Class C) "burn-in" procedures.

During instellation of the evacuation tube on the HF and UHF radios,
solder balls were inadvertently introduced into the case. This problem was
corrected by employing a new case design and sealing process.

Antennas

Spacecraft and Subsystems Evaluation. ~ The antenna subsystem provides
transmission/reception capability for the communication system. Radiation
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TABLE 3 QUALIFICATIONS TESTS (Continued)
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coverage requirements vary with the mission phase depending upon spacecraft
stabilization mode and ground coverage requirements. The antenna system
provides roll symmetrical radiation coverage for C-band tracking and UHF voice,
telemetry and command during the launch phase. During stabilized orbit
attitude, the antenna system provides yaw symmetricai horizon-oriented radia-
tion coverage. HF voice and DF capability is provided by an HF whip antenna
on the adapter for orbit use and on the re-entry module for post-landing use.
For drifting flight with uncontrolled spacecraft attitude, the antenna system
provides complementary yaw symmetrical and roll symmetrical coverage. The
astronauts select the antenna system usage to obtain the optimum coverage for
voice, telemetry and tracking. During the re-entry phase, C~band and UHF
coverage is utilized and is similar to the launch phase coverage. The recovery
phase requires antenna capability for HF and UHF frequencies. The antenna
systems are comprised of high efficiency, high reliability antennas and RF
components which are of minimum weight and volume. The C-band tracking
antenna system consists of three cavity helix antennas, a power divider, a
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TABLE 4 DEVELOPMENT TESTS
COMMUNICATIONS — RADAR — TIME REFERENCE SYSTEM

COMMUNICATIONS

1. INTEGRATED SYSTEM TESTS — ELECTRONIC SYSTEM TEST UNIT (ESTU),
COMPATIBILITY TEST UNIT (CTU).

« RFI COMPATIBILITY TEST - LOCKHEED TEST, TOWER TEST.
. RECOVERY TEST - BOILER PLATE NO. 3.

. FLY-OVER RANGE TESTS -

. RELIABILITY ASSURANCE TESTS (OVER-STRESS).

. GEMINI/AGENA PLAN X TEST

[ S I A )

RENDEZVYOUS RADAR
1. INTEGRATED SYSTEM TESTS — ELECTRONIC SYSTEM TEST UNIT.
2. RFI COMPATIBILITY TESTS ~ LOCKHE ED TEST (IN PROGRESS), TOWER TEST.
3. WHITE SANDS FLIGHT TEST -
4, NEW MEXICO STATE ACCURACY AND ANTENNA VERIFICATION.
5

. GEMINI/AGENA PLAN X TEST.

TIME REFERENCE SYSTEM
1. INTEGRATED SYSTEM TESTS —~ ESTU, CTU.
2. FLY-OVER RANGE TESTS -
3. INTERFACE TESTS - COMPUTER, DCS AND DTS,
4, GEMINI/AGENA PLAN X TEST.

phase shifter and associated power supply, and an annular slot type antenna.
The UHF antenns system consists of the nose stub, forward adepter whip, aft
adapter whip, descent and the recovery antennas and four RF coaxial switches,
a quadriplexer and a diplexer. The HF antenna system consists of two HF whip
antennas and an RF coaxial switch.

State-of-the~Art Advances. - The UHF nose stub antenna is located on the
radar ground plane on the nose of the spacecraft and may be exposed to impact
during spacecraft rendezvous and to impact by a parachute cable during single
point release. The antenna is, therefore, designed to be self-erecting after
having been impacted and flexed in any direction and in addition to survive
re-entry heating and air loads. The upper section of the antenna mast pivots
about a mating socket when impacted. A compression spring is preloaded so
that when the antenna is flexed the action of the spring and a cable assembly
will exert a force to restore the mast to its normal in-line position.

The UHF adapter whip antenna is a quarter-wave stub, which is unique in
that it is self-extendible. It consists of a thin strip of specially heat
treated beryllium copper which is furled into a cylindrical housing under
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tension. There is sufficient stored energy to eject a retaining cap and
latching post assembly and to automatically extend itself to form a tubular
guarter-wave stub antenna matched to a 50 ohm feed system. The cap and
latching post assembly is electrically released when a solenoid actuated
latching mechanism is energized. The element requires manual retraction by
proper furling into the housing.

Design, Development Ground and Qualification Program Results. =~ The
criteria for the design and development of the antennas and RF components was
based on operational requirements in predicted critical environments. Modifi-
cations were made as the test program revealed design deficiencies and resulted
in pertinent components qualified to the environments. Table 3 shows the
qualification test program for each antenna and RF component. The comprehen-
sive test program and quality assurance surveillance resulted in high reli-
ability components.

Results of Flight Mission. - There have been no problems relative to
the UHF and C-~band antenna systems during the launch, orbit, re-entry and
recovery phases of the flight missions. The use of HF antennas for experiments
during the orbital phase of the missions has been successful. The re-entry
HF whip antenna encountered problems during the post-landing phase of the
early missions; however, modifications sealed the unit and corrected the
problem for later missions.

Discussion of Major Problems Associated with Overall Program Problem. =
Potential damage to the UHF nose stub antenna if impacted during either
rendezvous or by parachute cable at single point release during re-entry due to
its location on the radar ground plane.

Corrective Action ~ Redesign to an antenna with a five in. long section
on the end that can be flexed in any direction if impacted. A socket assembly
with a cable and spring under tension inside the antenna body returns the
antenna section to its normal inline position after 'having been flexed.

Problem -~ The HF whip antenna (located on the re~entry module) failed to
radiate the RF signal during the post-~landing phase because sea water leaked
in shorting out the radisting element and antenna RF feed system.

Corrective Action - The antenna assembly case was sealed and a special
pressure equalizing breather cartridge was attached. The tip plug which
contains the ablative section for closing the antenna element egress hole in
the spacecraft skin was modified so that it could seal against the muzzle end
of the antenna assembly in its fully retracted position. In addition, a lexan
polycarbonate (plastic) guide block replaced the metal one at the muzzle end
to prevent grounding and cellulose sponge sections were installed in the
muzzle and the silicone rubber splash boot to absorb sea water resulting from
8Spraye.

Problem -~ The UHF adapter whip antenna element failed to extend due to
improper furling when manually retracted after ground tests.
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Corrective Action - The metal cap which retains the furled antenna
element was replaced with a clear lexan polycarbonate (high temperature
plastic) cap so that proper furling of the antenna element into the housing
can be observed through the cap prior to latching. Proper furling allows the
antenna element to automatically extend at spacecraft separation when the cap
latching mechanism is electrically released.

Electronic Recovery Aids

The electronic recovery aids consisted of one UHF recovery beacon,
52-85719 and one flashing recovery light, 52-85720. The UHF recovery beacon
provided a homing signal for the recovery forces to locate the spacecraft
after re-entry and the flashing recovery light provided a visual aid to pin-
point the location of the spacecraft in the event of recovery after dark. Both
the RF beacon and the light (if required) are turned on at approximately
10,000 ft.

Subsystem and Spacecraft Evaluation. = Prior to installation in the space-
craft each subsystem was subjected to temperature, vibration and a complete
electrical test at the vendor's facilities and to a complete electrical test
at McDonnell.

After installation in the spacecraft, the critical parameters were
monitored throughout spacecraft testing to assure acceptable operation.

Design, Development and Qualification Program.

A. Design Program - ACR Electronics Corporation was the vendor for both
the UHF recovery beacon and the flashing recovery light.

The recovery light was almost identical to the one used on Project
Mercury and the design changes were minimsl.

The UHF recovery beacon was & hybrid utilizing transistor regulator,
DC-DC converter, and pulser with a vacuum tube transmitter.

B. Development Program - During the design phase each subsystem was
evaluated and tested in all critical enviromnment which included temperature,
altitude~immersion, and vibration. These tests uncovered problem areas which
are described in Problems Associated with Program, page 83. In the integrated
system tests sumarized in Table 4, both the recovery beacon and the flashing
light caused excessive interference to both radio and audio frequencies. As
a result, an RF bandpass filter was added to the output of the recovery beacon
and shielded wires were used in the spacecraft to carry the flashing light
signals.

A fly-over test was run using the UHF recovery beacon to verify its

-range capability using both beacon type receiver and the standard ARA-25
direction finders.
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C. Qualification Program - Each subsystem was subjected to qualification
tests as noted in Teble 3. All tests were successfully completed with the
exception of RFI on the recovery beacon. This requirement was waived and as
noted in B. Development Program, page 82, an external bandpass filter was
added to the beacon output.

Flight Results. - There have been no flight failures of any electronic
recovery ald subsystem.

Problems Associated with Program,

A. Recovery Beacon - In development testing, the 6939 output tube failed
under vibration. The corrective action was to strengthen the internal struc~
ture of the tube and the mounting structure supporting the tube.

During qualification testing, the beacon failed to pass immersion
tests after being subjected to vibration. The corrective action was a
complete redesign of the case incorporating an O-ring seal instead of epoxy.

After qualification testing, a catastrophic failure mode of the
regulator was discovered. The failure caused the regulator to go out of
regulation when the input power was turned off and back on very quickly. The
failure was traced to an RC time constant in the regulator which became mar-
ginal under complex variations in temperature, warm-up time and the elapsed
time between turnoff and turnon.

For Spacecraft 2, a temporary fix was made by adding a capacitor to
the RC circuit to increase the time constant. This fix provided reliable
operation in all except extreme combinations of the critical criteria. For
Spacecraft 3 and up, the regulator was redesigned to be completely fail-safe.

B. Flashing Recovery Light - During the altitude immersion part of
qualification testing, the lamp failed to operate during the immersion environ-
ment. Failure analysis revealed an air bubble seepage path through the epoxy
inside the lamp which allowed the water to form an electrical path between
the case and & high voltage terminal. The corrective action was to modify
the potting procedure which included performing the potting in steps and sub-
Jecting the epoxy to a vacuum prior to curing.

Tracking

The tracking system consisted of one C-band beacon, 52-85707, one S-band
beacon and one acquisition aid beacon, 52-85706.

Effective Spacecraft 4 and up the S-band beacon was replaced by a second
C-band beacon. (% Motorolas DPN/66.) The acquisition aid beacon provided an
RF link from the spacecraft to the ground tracking station to facilitate
spacecraft acquisition.
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The C and S-band radar beacons provided very accurate tracking data.

Subsystem gnd Spacecraft Evaluation. = Prior to installation in the space-~
craft, each subsystem was subjected to temperature, vibration and complete
electrical test at the vendor and a complete electrical test at McDonnell.
Additionally, the C and S radar beacons were leak tested at the vendor.

After installation in the spacecraft, the eritical parameters were
monitored throughout spacecraft testing to assure acceptable operation.

Design, Development and Qualification Program.

A. Design Program -~ In the development of the acquisition aid beacon it
was decided to utilize a standard TM transmitter to provide the low level CW
output required. In this application the modulation capability was not used.

The re-entry C-band beacon is basically an improved and repackaged
version of the radar beacon used on the Mercury flights.

The S-~band beacon is very nearly identical to the C~band beacon with
the exception of necessary frequency dependent differences. The operation
capabilities, construction, development and test of the S-band beacon are
identical to the C-band beacon. In fact, all the frequency independent sub-~
assemblies were interchangeable between the two units. Therefore, the subse~
quent discussion of the C and S-band beacons will be handled as a single item
except where specified differences are noted.

The adapter C-band beacon (which replaced the S-band beacon Spacecraft
I and up) wes procured as an "off the shelf" item. It was a slightly modified
version of the AN/DPN-66 manufactured by Motorola.

B. Development Program - The acquisition aid beacon, the re-entry C-band
beacon, and the S~band beacon were a part of the system tests shown in
Table 4. There were no changes required as a result of the system integration
tests.

The adapter C-band beacon (AN/DPN-66) was not being utilized at the
time the system tests of Table U were being made. Of course, it was given
a system integration test as a part of an actual spacecraft. There were no
system compatibility of interference problems with the AN/DPN-66.

C. Qualification Program -~ Each unit was subjected to the qualification
tests as noted in Table 3. All tests were successfully completed although
some equipment modifications were required. A discussion of problems
encountered in qualification testing is included in Problems Associated with
Program, on the following page.

Flight Results. = There have been no flight failures of any radar beacon
or acquisition aid beacon.




Problems Associated with Program.

A. Acquisition Aid Beacon -~ The acquisition aid beacon failed to meet
the RFI requirements during quelification testing. There were two problem
areas; the more serious was excessive spurious output at VSWR and the other
was the radiation and conduction of interference from the power lines. The
spurious output was corrected by a redesign of the RF filter, and a line filter
was added to the power leads to eliminate the radiated and conducted
interference.

B. Re-entry C and S Radar Beacons - The MECA module packaging technique
proved to be quite fragile under random vibration. As a result it was
necessary to:

l. Rigidize the mother bvoard by applylng epoxy to the bottom and
each of the side rails.

2. Install neoprene foam pads above and below the MECA modules.

3. Rigidize the beacon cover over the MECA modules by adding ribs
across the cover.

The local oscillator tube in the re-entry C-band beacon developed leaks
after unpredictable lengths of time. The result was catastrophic failure of
the beacons. Corrective action was to change from the 6299 vacuum tube to &
7486 vacuum tube. Effectivity was Spacecraft 6 and upe.

C. Adapter C-Band Beacon - Insofar as use of the AN/DPN-66 beacon on the
Gemini program, there have been no serious problems. The DPN-66 was qualified
and used on many other vehicles and has been proven to be & reliable beacon.

RENDEZVOUS RADAR SYSTEM (RRS)

System Description

The rendezvous radar system consists of the rendezvous radar range and
range rete indicator, and command link encoder all installed on the Gemini
Spacecraft. The units of the system installed in the target docking adapter
of the Agena Vehicle are the transponder, boost regulator, dipole antenna and
spiral antennas. Fig. 13 depicts the system block diagram. Fig. 14 shows
the equipment installation on the Agena Vehicle.

The rendezvous radar system is a pulsed system that utilizes a trans-
ponder for return responses. The radar operates on a frequency of 1528 mc/sec
with a pulse width of 1.0 usec and a pulse repetition frequency (PRF) of
250 PPS. Upon interrogation by the radar, the transponder delays the return
pulse for 2.0 usec and transmits a 6.0 usec reply pulse on a frequency of
1428 mc/sec. The internal delay in the transponder allows for operation to
essentially zero range.

The rader utilizes the interferometer principle to determine target angle.
This is accomplished by measuring the difference of phase of the return beacon
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signal at two separate radar antennas. Three broad beam, circularly polarized
spiral antennas are used for two interferometer pairs. (One antenna is common
for both interferometers.) The radar and antennas are oriented in the space-
craft so that the antenna boresight axis is parallel to the spacecraft roll
eaxis. One interferometer lies in the pitch plane and determines target
elevation; the other interferometer is in the yaw plane and determines target
azimuth. A fourth spiral antenna is utilized for transmitting.

The transponder receives and transmits as a result of the radar inter-
rogation either through the two spiral antennas or the dipole antenna. The

radar, upon receipt of the 6.0 usec reply pulse from the transponder, extracts
range and angle information from each pulse.
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The range and renge rate indicator displays range from zero to 50 neutical
miles, and range rates from -100 to +500 fps. Digital range and angle informa-
tion is supplied to the digital computer in serial binary form. The radar
provides target azimuth and elevation information on the flight director
indicator (FDI).

The rerndezvous radar system includes the following command link capa-

bility. Prior to docking, the radar system provides for pilot command control
of the Agena Vehicle and Agena systems by pulse position modulation of the
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'radar transmitter. The receipt of a valid message is acknowledged by pulse
width modulation of the transponder transmitter. The Gemini~TDA umbilical
provides a means for command control over the Agena systems after docking.

In the radio frequency (RF) command mode of operation, the rendezvous
rader is modulated at a PRF of 256 cps by the commeand link encoder through
timing signals generated by the time reference system. To transmit a command,
the crew selects one of 128 possible commands by positioning three switches
on the encoder controller to correspond to the three digits of the command.
The switch positions are read out to the encoder and the encoder codes the
message into & digital format.

The digital message, with & O representing one time slot and a 1 another
time slot, is transmitted to the transponder by & pulse train of 60 pulses.

The message is received by the transponder where an automatic phase lock
loop is used to demodulate the command. The command message is then trans-
mitted to the Agena programmer for decoding. When the Agena programmer
recognizes a command, a signal is sent to the transponder that results in the
pulse width modulation of the transponder reply and & receipt of message
indication is provided the crew.

In the hardline mode of operation, after docking, the astronaut's commands
are transferred to the Agena programmer via the Gemini-TDA umbilical. The
receipt of message indication is also provided through the umbilical.

This Agena command capability was not used on Spacecraft 5, 6 and 9.

Systems Which Differed From Standard RRS. - The following systems differed
from the standard rendezvous radar system described above.

A. Spacecraft 5 Radar System - The standard system was utilized but the
Agena components were packeged in & rendezvous evaluation pod (REP). The REP
was stowed in the adapter section of Spacecraft 5 and was ejected for practice
rendezvous exercises.

B. Project 7/6 Radar System - The standard system was installed on
Spacecraft 6 except that the transponder, boost regulator and one spiral
antenna were installed in the rendezvous and recovery section of Spacecraft 7.

C. Spacecraft 9 Radar System - The standard system was utilized, but the
Agena components were packaged in the augmented target docking adapter (ATDA).
A transponder antenns switch control was added to the ATDA to facilitate radar
tracking of the tumbling ATDA. The switch control anticipates loss of lock
and switches the transponder antenna for maximum received signal. In addition,
a simplified command link was added which provided the crew with one real time
command.
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Development Tests For RRS

Development tests for the RRS were performed by the vendor, by McDonnell,
and by NASA.

RRS Vendor Tests.

~A. Prequalification Test ~ The radar, transponder, range and range rate
indicator, boost regulator, command link encoder and antennas were subjected
to launch vibration and high and low temperature enviromments prior to formal
qualification testing. Integration tests were made between the radar and
range and range rate indicator, the radar and the command link encoder, the
radar and transponder, and the transponder and boost regulator.

B. Modification of Antennas - A series of omnipatterns, mutual coupling,
cross coupling, and phase linearity tests on the radar antenna resulted in
the addition of Eccosorb (an RF absorbing material) to the radar ground plane
to reduce the cross coupling between the azimuth and elevation angle channels.
An extensive test program was required on the dipole antenna array to develop
a design that could be manufactured with repeatability.

RRS McDonnell Tests.

A. Electronic System Test Unit (ESTU) -~ An engineering prototype radar
was tested as part of the ESTU. During this test the engineering prototypes
of the guidance and control system were interfaced in a simulated spacecraft.
Interconnecting cables of the proper length and type were used to insure that
the radar interfaces with the guidance and control system were compatible.

The radar command link interface was demonstrated by interconnecting
the time reference system (TRS), command link encoder, encoder controller,
and rendezvous radar in the ESTU mock-up with a transponder for both RF and
hardline operation. The test included the transmission of RF commands,
receipt of RF message acceptance pulses (MAP), transmission of time critical
commnands, docked mode operation (hardline), and evaluation of the TRS inter-
face pulse shapes.

B. Radar Boresight and Angle Linearity - The boresight of the radar was
measured on an outdoor antenna range at New Mexico State University to get a
basis of comparison of radar boresight and angle linearity. This data was
compared to data from the same radar in the Westinghouse anechoic chamber and
the NASA radaer antenna range on Merritt Island (KSC). The test also evaluated
the effect of spacecraft configuration on the radar boresight, the reference
radar radiation pattern, and the Agena vehicle antenna pattern and ellipticity.

NASA Tests.
A. Command Link Test at Lockheed Missile and Space Center (IMSC) - A
TDA-Agena interface test at LMSC demonstrated the compatibility of the rendez-

vous radar transponder and the Agena programmer. The capability of the trans-
ponder to operate in the Agena RFI environment was insured. Also, the
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operation of the transponder was tested during the firing of the Agena main
engine.

B. Gemini/Agena RF and Functional Compatibility and Mission Simulation
(Plan-X) - Functional compatibility of the Gemini and Agena vehicles in the
docked and near-docked positions was demonstrated during "Plan-X." This was
the first test in which the complete radar command link (i.e., TRS, encoder
controller, encoder, radar transponder, and Agena programmer) was used to
command the Agena. All commands were transmitted successfully.

C. Rendezvous Radar Flight Test Program - The dynamic performance of the
radar was demonstrated in & flight test at White Sends Missile Range,
New Mexico. The transponder and spiral antenna were mounted on a T=33 aircraft
and flown over the radar which was mounted in a ground test stand. By varia-
tion of aireraft altitude and speed, the range rate and anguler tracking rate
of the rendezvous radar was exercised.

Qualification Tests for RRS

Table 5 lists the various environments to which the units of the radar
system were subjected.

Radar. ~ The radar boresight shifted during the humidity portion of the
qualification tests. The shift was attributed to moisture being absorbed in
the Eccosorb and entering the reference antenna assembly. Measures were taken
to keep the Eccosorb dry prior to flight, and the reference radome was sealed.

Range and Range Rate Indicator. - All tests were passed successfully
without retest or redesign.

Command Link Encoder. = All tests were passed successfully without
retest or redesign.

Transponder. - Problems encountered during humidity testing were
resolved by sealing the transponder to prevent moisture from getting into the
casing. Extensive difficulty then was experienced in the low pressure environ-
ment. The transmitter cavity was pressurized to prevent electrical breakdown.
In addition, all microwave components and connectors in the RF transmitting
path were vented to prevent corona discharge. Also added was a plug which
was removed prior to launch, allowing the transponder to outgas at an
accelerated rate after launch.

Spiral Antenna. - Exposure of the spiral antenna to the low pressure
environment required venting of the balun and connector to prevent corona
discharge. All other tests were successfully completed without retest or
redesign.

Dipole Antenna. - All tests were passed successfully without retest or
redesign.
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TABLE 5 RENDEZVOUS RADAR QUALIFICATION TEST

ENVIRONMENTS
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R & R INDICATOR X| XX X N/A| X [X X X|D|D |N/A X X X DD X
COMMAND LINK ENCODER XXX X N/A| X |X X X|D|D|N/A X X X D(D| X
TRANSPONDER XX |[XIN/AIN/A] XX X XXX D N/A[N/A|N/AJD|D| X
SPIRAL ANTENNA XX |X|N/A X X[X|N/A|X|[X]|D D N/A [N/A|N/A{D|D]| X
DIPOLE ANTENNA XX |X D D XIX|IN/A[X|X]|D D N/A|N/A|N/A|D|D]| X
BOOST REGULATOR X| X [X|N/A|[N/A] X | X X X[X]|X D N/A [N/A|N/A|D|D| X
X — TEST PERFORMED
D — TEST DOCUMENTED

N/A — TEST NOT APPLICABLE

Boost Regulator. - Exposure to humidity required the addition of a con-
formal coating to the internal chassis and components. All other tests were
completed successfully without retest or redesign.

Flight Mission Results Of The RRS

The rendezvous radar system has been lmplemented in the following config-
urations.

Spacecraft 5. = The system flown is described in Spacecraft 5 Radar
System, page 88. EJection of the rendezvous evaluation pod from the space-
craft was nominal and radar system operation and performance was nominal. The
practice rendezvous exercise was terminated a short time after REP ejection
due to a spacecraft fuel cell difficulty. On the second day of the mission,
the radar system was exercised in a Cape Kennedy fly-over test with a ground~
based transponder. Radar performance was nominal for this test. On the fourth
and subsequent days of the mission, fly-over tests were conducted and a digital
range problem developed. The maximum digital range was 24,800 ft. The
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problem was attributed to low temperature operation. Additionsal temperature
tests were added to the test cycle for Spacecraft 6 and up.

Project 7/6. - The system flown is described in Project 7/6 Radar System,
page 88.  The radar system performed the closed-loop rendezvous maneuver.
Radar performance was nominal for all phases of the mission.

Spacecraft 8. - The system flown is described in System Description,
page 85.  Radar system performance was nominal for the majority of the first
rendezvous maneuver. A problem developed from 46 nauticel miles to 22
nautical miles in the approach to the Agena. The crew reported fluctuaetions
of the target angles on the flight director indicator (FDI). The fluctuating
display did not prevent the crew from maintaining boresight on the Agena
vehicle and did not hamper the rendezvous exercise. A subsequent analysis of
all pertinent data revealed that a high frequency electrical breakdown caused
the d@ifficulty. As a result, all of the TDA coexial connectors associated
with the transponder were packed with a low vapor pressure grease.

Spacecraft 9. - The system flown is described in Spacecraft 9 Radar
System, page 88. The radar used for the first and third rendezvous and radar
system performance was nominel for &ll phases of the mission for the tumbling
ATDA target vehicle. The high lobe structure of the tumbling ATDA antenna
patterns caused variation in received signal strength and variation in target
ellipticity with a corresponding fluctuation in radar AGC voltage and approxi-
mately one degree peak to peak excursions of the FDI needles. This was as
anticipated.

Spacecraft 10. - The system flown is described in System Description,
page 85. The radar system performed the rendezvous maneuver. Radar perfor-
mance was nominal for all phases of the mission.

Spacecraft 1l. - The system flown is described in System Description,
page 85. Redar system performance was nominal for the first orbit rendezvous
except for the transponder transmitter output which began to degrade in the
latter stages of the rendezvous. The transmitter failed later in the flight.
The most probable cause of failure was attributed to a leak in the transmitter
oscillator assembly which allowed the pressure to decrease to a point where
RF arcing occurred. Additional procedures were added to Spacecraft 12 check-
out to insure the integrity of the oscillator assembly pressure seal.

Spacecraft 12. =~ The system flown is described in System Description,
page ©5. Initial lock-on was obtained at a range to Agena of approximately
236 nautical miles. Spacecraft angle and range informastion was sporadic
throughout the flight and consequently the radar was not used as the primary
source of rendezvous range and angle data. The sporadic range and angle
information was due to an erratic transponder transmitter. The most probable
cause of the transmitter failure was concluded to be arcing within the sealed
transmitter oscillator assembly. The evidence indicates the pressure seal
did not survive the stresses of Agena launch.
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The arc-over could occur within the transmitter cavity pressure vessel
in the following areas:

A. From the high voltage feed~through to the pressure vessel case.

B. From the high voltage terminal on the transmitter cavity to case.

C. From the transmitter tube plate ring of the oscillator cavity to case.

D. From the cavity plate (high voltage) to the tube grid ring of the
cavity.

E. A DC arc-over within the tube.

The most probable areas of occurrence are A, B, and C.
DIGITAL  -COMMAND SYSTEM

System Description

The digitel commend system (DCS) 52-85T71h4 consists of one receiver/
decoder package and three relay packages. The DCS receives, decodes, and
transfers to using systems digitel commands transmitted from ground stations.
Cormands are categorized as either real-time commands (RTC) for spacecraft
equipment selection or stored program commands (sPc) that consist of data for
the time reference system or the digital computer. The system contains two
FM receivers, either of which is capable of supplying sufficient output for
proper decoder operations. The decoder verification circuitry provides for
subsystem reset when invalid messages are detected or when data transfer is
not accomplished within a fixed time duration. The probability of the decoder
rejecting a valid message is less than 1 x 10-3 glle the probability of
accepting an invalid message is less than 1 x 10~

DCS Subsystem And Spacecraft Evaluation

The receiver/decoder and relay units were subjected to extensive tests
prior to installation in the spacecraft. A predelivery acceptance test was
performed by the vendor on each unit. These tests included:

A. Visual and mechanical inspection.

B. Operation during and after random vibration.
C. Low temperature operation.

D. High temperature operation.

E. Room temperature operation.

Typical tests while at temperature extremes include message rejection
rates and signal to noise ratio measurements.

After receipt at McDonnell the unit was further tested for:

A. Bandwidth and center frequency of receivers.
B. Quieting.
C. Improper vehicle address rejection.
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D. Stored program command processing.
E. Real-time command processing.
F. Telemetry voltages.

After installation on the spacecraft, the operation of the DCS was again
verified. The DCS was used to update the time reference system and computer
with stored progrem information. In addition, the real~time command capa-
bility was used to control various spacecraft functions.

DCS Design, Development And Qualification Program

Design Program. - The digital commend system was designed and built by
Motorola's Western Military Division, Scottsdale, Arizona.

The need for a command system was realized early in the Mercury program.
A tone commend was used for real-time commands throughout Project Mercury.

The stored program capability to update the computer and time reference
systems was unique to the Gemini mission. The real-time capability was a
carry-over from the Mercury system. The command system was designed especially
for the Gemini requirements.

Development Program. - All component parts used in the DCS were subjected
to extensive qualification and reliability assurance testing. Standard logic
design practices of logic diagrams, timing diagrams and circuit analysis were
employed to locate marginal design areas.

The DCS was interfaced with the electronic timer and computer early in
the program to verify the system integrity. The DCS was further subjected to
ESTU, CTU and fly-over range tests with no problems.

Qualification Program. -~ The 52-85714-15 receiver/decoder and the
52-85714-21. and -23 relay packages were qualified as a system.

The command systems' only problems were encountered during random
vibration testing of the decoder package. The problems were numerous with
approximately 350 min of vibration time accumulated before successful comple=-
tion of testing. Problems such as contaminated solder Jjoints and wire breakage
were uncovered. As & result of this test the wiring harness, deck plate
mounting technique was redesigned.

DCS Reliability Aund Quality Assurance Program

Motorola utilized the standard reliebility techniques of reliability
estimates, failure mode and effect analysis and an internal failure reporting
and corrective action system in order to achieve a reliable product. In
addition, Motorola centered much of their program around their piece parts
program. All parts were procured by Motorola part numbers to Motorola "high-
‘reliability" specifications. These specifications required in addition to
extensive screening that all parts be "burned-in."
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Overstress Tests. - An overstress test was performed on the digital
command system to further add confidence to the system integrity. Environments
investigated were acceleration, vibration, low temperature and low voltage,
and high temperature and high voltage while overstress testing disclosed a
relay contamination problem and led to change in manufacturing process by
relay vendor.

Flight Results

Analysis of flight data verified that the digital command system performed
its function with no malfunctions.

TIME REFERENCE SYSTEM

System Description

The time reference system (TRS) is the central timing system of the
Gemini Spacecraft. The system consists of an electronic timer, an event timer,
a GMT clock, an Accutron clock, & mission elapsed time digital clock, and a
time correlation buffer. (See Fig. 15.) The system ie defined by McDonnell
Report 8664 and A6Ll.

Electronic Timer. -~ The electronic timer is a crystal controlled digital
counter with a specification accuracy of 25 parts per million per day
(roughly +3 sec/day). Through & series of countdown chains and storage regis-
ters, it keeps track of elapsed time (time since lift-off), time to go to
retrofire (TR) and time to go to equipment reset (TX). The basic timing unit
of the timer is 1/8 sec intervals and all counting functions are kept to
within this 1/8 sec interval.

The electroniec timer is approximately 5-1/2 in. high, 5-1/2 in. wide
and 8 in. long. It weighs about 9.3 1b and consumes seven watts of power.

The electronic time TR and TX values can be updeted by the ground complex
(by use of the digital command system) or by the crew (by use of the manual
data insertion unit). The value of elapsed time cannot be altered. To prevent
inadvertent or premature countdown to retrofire as a result of equipment
failure or persomnnel error during updating, the timer will not accept any new
time value less than a preprogrammed number. (512 sec or 128 sec dependent
upon timer configuration.)

The timer provides timing information for the computer, mission elapsed
time digital elock and PC telemetry system. It also provides timing pulses
for the radar.

Event Timer. - The event timer provides & digital stopwatch for the crew.
The display capacity of the timer is 59 min and 59 sec with a resoclution of
0.2 sec. The timer will count up or down. It may be preset to a value and
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started or stopped by use of front mounted switches. It normally starts
counting sutomatically up from zero at lift-off by receiving the lift-off
signal from the electronic timer. .

The timer is approximately two in. high, four in. long and four and one=-
half in. deep. It consumes two watts of power.

Greenwich Mean Time (GMT') Clock. - The clock displays Greenwich mean
time in hr and min. It is a modified aircraft clock with a standard 2k-hr
face. As additional features a stopwatch and calendar day are provided. The
clock also contains two markers by which the crew can mark significant events.
Clock accuracy is +15 sec/day.

Accutron Clock. - This clock displays GMT to the commend pilot. The
display is a 24-hr type with a sweep second hand. The accuracy is ij'sec/day
at 5.1 psia. It was used in Spacecraft 4 through 12.

Time Correlation Buffer. - The buffer provides time correlation to the
biomedical and volice tape recorders. It accepts elapsed time and TR from the
electronic timer and after format changes sends them to the applicable
recorder. It was used in Spacecraft 4 through 12.

display of mission elapsed time from lift-off. The display capability of the
clock is 999 hr, 59 min and 59 sec. The clock accepts timing pulses from the
electronic timer, making its accuracy the same as the electronic timer. The
clock is started automatically at lift-off. It has the capability of being
stopped, set to a time value, and restarted by the use of front mounted
switches.

The digital clock was requested by NASA (per RFECP 231) because of the
difficulty experienced by the crew in converting GMI to mission elapsed time.
Since all spacecraft maneuvers and work tasks are defined in mission elapsed
time, it was felt that an immediately available readout of this time was
essential. Therefore, effective Spacecraft 6, the digital clock was installed
in all spacecraft, although the GMT clock was not deleted. Identical elec-
tronic modules, mechanical design and construction techniques were used in the
digital clock and the event timer. Because of the sameness of the components,
only the event timer was subjected to actual qualification testing. The
digital clock experienced no problems in SST or in flight.

Time Reference Subsystem And Spacecraft Evaluation

All the individual equipments used in the time reference system were
subjected to extensive tests prior to installation in the spacecraft. The
vendor performed a predelivery acceptance test on each unit. This consisted
of a low-temperature test, a high temperature test, a vibration test and a
complete electrical performance test including 24-hr asccuracy. After instal-
lation on the spacecraft, the operation of the time reference system was
again verified. The operation of the electronic timer was verified through its
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interface circuitry while an operational and accuracy test was performed on
the other components.

Design, Development And Qualification Program

_ Design Program. ~ The time reference system excluding the GMT and
Accutron clocks was designed and built by McDonnell's electronic equipment
division. The Accutron was supplied by Bulova Watch and the GMT was furnished
by Aerosonic Corporation.

The need for a central timing system was -dictated by the use of
controlled re-entry.

Development Program. - During the design phase the components of the TRS
were subJjected to extensive qualification and reliability assurance testing.
A breadboard electronic timer was fabricated and interfaces were simulated in
order to achieve confidence in the design integrity of the system. Numerous
refinements and eliminations of possible problem areas were made during this
phase of the program.

The ESTU was a laboratory fabricated spacecraft mock-up. The objective
of this test was to assemble all electronic systems and determine if any
interface problem existed. The electronic timer was subjected to this test
and satisfactory results were obtained. No problems were encountered with
CTU tests or fly-over range tests.

Qualification Program.

A. Electronic Timer - The AO5A0017 electronic timer configuration was
qualified. Summary of significant events of this testing is as follows:

1. Oxygen Atmosphere -~ Oscillator failure which was due to tempera-
ture sensitivity of oscillator circuit. The internal packaging of the oscil-
lator was redesigned from printed circuit boards to terminal board construc-
tion. The resistors used in the oscillator were changed from Daven 1/10 watt
metal film type to I.R.C." 1/10 watt metal film type.

2. Vibration - During the vibration test two separate problems were
uncovered. The crystal oscillator broke loose from its mounting and sheet
metal heat fins were fractured. The crystal oscillator broke loose from its
cement bond which held it to module No. 1 causing a broken wire. It was found
that the tinned surface of the oscillator (area cemented to module No. 1)
should be etched prior to the bonding operation. Sheet metal heat fins which
form a part of the base plate assembly were fractured during the vibration
environment. It was found that the heat fins had become brittle as a result
of a brazing operation used during their fabrication. The base plate was
redesigned to utilize riveted rather than brazed heat fins.

B. Event Timer - The AO5A0018 event timer was the qualification test
unit. A summary of significant events of this testing is as follows:
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l. Vibration - Failure in vibration was due to a broken wire lead from
the electronics to the stepper motor. Corrective action consisted of adding
additional wire ties to the wire bundle. After incorporating the additional
ties the timer successfully completed the vibration test.

2. Humidity - Unit passed the humidity test after revising the method
of epplying the humiseal coating to the electronic modules.

C. GMT Clock =~ The JOSA0002 clock was the qualification test unit. A
summary of significant events of this testing is as follows:

l. Salt-Fog - This test uncovered a problem with the glass to bezel
seal. The bezel gasket had to be modified and the face glass had to be
sealed with epoxy to the bezel.

2. Vibration - Throughout the vibration tests numerous failures were
encountered due to slippage of the elapsed time minute hand during the vibra-
tion environment. After much testing and corrective action, it was decided
that the elapsed time minute had would elways be susceptible to the vibrational
environment. The spcecification was changed allowing slippage of the hand
during vibration as long as the clock function operated properly after removal
of the environment.

3. Humidity - Corrective action resulting from this test was plating
the knob shafts to preclude their rusting.

D. Accutron Clock - No qualification testing was required on this item.

E. Mission Elapsed Time Digital Clock - The clock was qualified by
similarity to the AO5A0018 Event Timer.

F. Timer Correlation Buffer - The TCB was subjected to & qualification
test program limited to the enviromments of vibration, temperature altitude
and RFI. No problem areas were uncovered.

Time Reference Reliability And Quality Assurance Program

In order to maximize the reliability of the unit the vendor incorporated
all of the standard reliability techniques into his program. Such items as
reliability estimates, failure mode and effect analysis, worst case analysis
and an internal failure reporting and corrective action system were imple-
mented. In addition, the piece parts used within the timer were carefully
screened. All piece parts were environmentally qualified at the part level
and lot acceptance as well as 100% screening inspection was performed.

Overstress Tests.- Overstress testing was performed on the electronic
timer and event timer.

A. Electronic Timer - Acceleration, vibration and temperature overstress
environments were investigated. Test results verified the existence of a
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failure mode at temperatures above 250°F due to solderable NYLEZ. (Phelps
Dodge Copper Products) U4 gauge core windings and the material used for
encapsulation of the magnetic shift registers. At such temperatures, these
materials became pliable, resulting in the possibility of shorts between the
core windings in the magnetic shift registers. No other failure modes were
revealed as a result of environmental stress levels above the design
requirements.

B. Event Timer - Acceleration, vibration and temperature overstress
environments were investigated. The actual vibration test was not run as the
unit was qualified at a vibration level of 12.6 g RMS in lieu of the 8.8 g
RMS level, which demonstrated an adequate safety factor. The timer operated
satisfactorily in the overstress environments of acceleration and temperature.
Both environments were approximately 125% of the qualification level.

Time Reference Flight Results

The flight of Spacecraft 4 disclosed that the Accutron clock lost approxi-
mately five sec per day. The specification limit for this clock was +3 sec
per day. Investigation disclosed that the clock was not calibrated for the
zero g environment. After a change in the calibration procedure flight results
were well within the required accuracy. No other problems in the TRS were
uncovered by flight data.

INSTRUMENTATTON AND RECORDING SYSTEM

The Gemini instrumentation system may be divided into two categories,
(1) signal sources and (2) the date transmission system, both of which have
been fully qualified for manned flight.

Signal Sources

DC=DC Converter AOS5AQ048. = The DC~DC converter regulator supplies prime
regulated power to the instrumentation pulse code modulation (PCM) system
tape recorder and associated signal sources such as pressure, temperature and
synchro repeaters.

The design offered no major problems nor was there any significant
advancement of the state-of-the-art.

During qualification testing with salt spray and humidity, bubbling and
flaking of the protective coating on the magnesium case were detected. This
problem was traced to improper application of the protective coating. Addi=-

tional inspection steps were added to the painting process to correct this.
Several such units were considered for reflight, but the case of each was found

to be severely damaged by salt water. The successful solution was to replace
the surface paint by an epoxy base paint.
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The converters were manufactured by Conductron-Missouri in accordance
with a rigid reliability and quality assurance program initiated by McDonnell/
NASA. All performed satisfactorily during missions with one exception. During
the flight of Spacecraft 3, S/N 119 DC~DC converter malfunctioned due to a
loose nut causing an internal electrical short circuit. The loose nut was
attributed to the failure of a star lockwasher to lock the nut. This anomaly
revealed that component locking devices were a major problem area. The con-
tractor reviewed all Gemini spacecraft equipment for star lockwasher use, and
took the following corrective action on the DC-DC converter:

A. All future applications involving screws, studs or equivalent
employed only split type lockwashers, unless the application was for other than
vibration resistance.

B. All DC-DC converters were reworked using epoxy to bond the locking
devices.

A similar Conductron-Missouri converter was used to supply power to the
Gemini biomedical instrumentation system.

Temperature Sensors. - Platinum-resistive element sensors and thermo-
couples are the two types of temperature sensors. Thermocouples, manufactured
by McDonnell, were used with the McDonnell reference Jjunction box to monitor
structural and skin temperatures on Spacecraft 1 through 4. Platinum element
sensors, supplied by Rosemount Engineering Company, were used on all spacecraft
and were defined in McDonnell specification control drawing (SCD) 52-88721.

The units were installed by McDonnell on spacecraft structure skin, in
fluid lines, on fluid lines, and other subcontractor-supplied equipment. The
platinum element sensors represent the recognized state-of~the-art methods of
manufacturing reliable, strainfree, and accurate sensors.

Several problems were encountered in the qualification program. Per
specifications, the desired repeatability is 0.2%. Two units experienced
values of 0.28%. These readings were considered tolerable since the overall
accuracy remained within the required 1.0%, and the later is the critical
criterion.

The inline sensor failed under vibration during reliability overstress
testing. Failure analysis disclosed the platinum sensor had ruptured due to
cantilever mounting. The problem was resolved by eliminating the cantilever
mount.

Credit is given to excellent vendor workmanship for temperature sensors
which performed so well in flight. Over 500 devices were used to sense the
various physical phenomena on the Gemini program, with only one significant
flight failure. 1In this instance, suit temperature date for Spacecraft 7 were
erroneous after 11 days in orbit. This failure was caused by water which
accumulated in the suit ecircuit and penetrated the ceramic coating of the
element. Per NASA direction, no corrective action was taken because no sub=-
sequent long-duration Gemini missions were planned.
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Some problems were encountered with smell platinum sensors which have
delicate lead wires between bridge and element. These sensors occasionally
were damsged in the course of additional work in the area. These sensors were
kept small for the following reasons:

A. To preclude error from their effect as a heat sink.
B. To guarantee rapid response to temperature changes.
C. To minimize weight.

Pressure Transducers. - Two types of transducers, potentiometric and
variable reluctance, are used to monitor the various parameters. Many of the
potentiometer types are supplied with the spacecraft subsystem, such as the
environmental control system (ECS) and the orbit attitude and maneuver system
(0oAMS). 1In addition, potentiometer units for suit and cabin pressure and
static pressure, were supplied by Fairchild Controls Corp. in accordance with
McDonnell SCD 52-88705.

The vendor adapted existing designs to the requirements with e minimum
of development, and there were essentially no advances in the state-of-
the art.

Qualification testing showed no significant problems. One unit did
experience slight out-of=-tolerance readings during acoustic noise testing.
Analysis revealed the wiper-to-potentiometer pressure was insufficient.
Manufacturing and quality assurance standards were revised to insure proper
workmenship. The transducers performed well in flight with no significant loss
of data.

Subsequently, two problems were encountered with the 52-88705 transducers.
Solder contamination within the pressure bellows resulted in out-of-tolerance
calibrations. This was overcome by revising the assembly of the bellows,
changing the brazing material, and providing a final x-ray examination.

The second problem consisted of calibration shift after extensive shelf
life. Potentiometer-type transducers tend to acquire a small amount of set
in the bellows flexure through lack of exercise. Therefore, these units were
retested every six months.

Variable reluctance-type transducers, supplied by Consolidated Controls
Corp., are defined in McDonnell SCD 52-88722 and monitor fuel cell pressures.
The transducers performed without failure in qualification tests and during
flights. Their special use on Spacecraft 2 to monitor local static pressures
during re-entry constituted an advancement of the state-of-the~art. One range
was zero to ten mm of mercury, and accurate performance was required during
elevated temperatures and re-entry vibrations. These units performed remark-
ably well with no loss of data.

One significant problem developed late in the program. All units
exhibited susceptibility to external magnetic fields. This susceptibility was
traced to the transformer in the oscillator circuit. Predelivery acceptance
and preinspection acceptance testing insured that the susceptibility would be
within allowable limits for accuracy.
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Accelerometers. - The accelerometers used on the Gemini vehicle were the
force balance or servo type supplied by Gulton Industries, Inc. in accordance
with McDonnell specification control drawing 52-88712. This SCD also covers
linear accelerometers for spacecraft static accelerations and systems for
low frequency vibration measurements. This accelerometer did not represent
an advancement in the state~of-the-art but the use of completely electrical
damping was a significant development. The basic design has been in use for
several years and proved to be highly accurate.

One failure occurred during qualification tests. After vibration, the
unit was not accurate during a static acceleration test. Analysis showed a
lead wire to the seismic system sensing vane had parted. The wire was repaired
and the unit operated satisfactorily.

During vibration testing of Spacecraft 3, the static accelerometers
revealed vibration noise. The seismic system which is the sensor portion of
the accelerometer is supported by a Jjewel pivot. Investigation traced the
vibration noise to excessive pivot to jewel clearance in the sensor. To
correct this, all units were vibration~tested for proper clearance during the
vendor and McDonnell tests. No accelerometer failures were noted during
spacecraft flight. Data were used by aerodynamics and structural dynemics
personnel to evaluate the spacecraft performance.

Synchro Repeater (52-88723). - Three synchro repeater assemblies in each
spacecraft monitor the synchros on the IGS platform gimbals. Each synchro
repeater output is & DC signal proportional to the spacecraft roll, yaw, and
pitch attitude in terms of platform coordinates.

Design and development of the synchro repeater offered no major problems
nor any significant advancement in the state-of-the-art.

During qualification tests a mechanical sealing problem occurred on the
(-5) repeater. The external configuration was modified, using electron beam
welding to seal the repeater hermetically.

Another qualification unit, serial No. 26, failed vibration due to a
broken motor shaft. The failure was traced to faulty machining in the motor
shaft. Manufacturing and inspection procedures were revised to insure proper
workmanship. Serial No. 22 replaced serial No. 26 and the vibration test was
passed successfully, along with other phases of the qualification test.

A major problem late in the program was damage of the synchro gears by
electron beam welding. Although visual inspection of the sealed-in gears is
not possible, most of those delivered suffered some gear damage during welding.
Corrective action included requalifying the electron beam process and burning-
in the synchro gears for severael hours. Synchro repeaters provided satisfac-
tory data on all Gemini missions.

Signal Conditioners. -~ The signal conditioners on the Gemini program
consist of DC voltage monitors, AC voltage monitor, AC frequency sensor, phase

sensitive demodulator, attenuators, DC millivolt monitor, and other specialized
cards. These cards were designed and manufactured by McDonnell with the

103



exception of the one type of phase sensitive demodulator and DC millivolt
monitor which was designed and manufactured by Eclipse-~Pioneer Division of
Bendix Corp. Problems encountered during the qualification program concerned
the drift of several percent of a number of modules during vibration testing.
To correct this, the internal package connectors were modified to assure more
positive contact.

No signal conditioner problems were encountered in flight. Most of the
instrumentation packages recovered for post-flight analysis had remained
sealed and none contained salt water. All the packages and signal conditioners
passed & thorough post-flight checkout, and several conditioners were allocated
for reflight in subsequent spacecraft.

COo Partial Pressure System (52-88715). -~ The detector, mounted on the
ECS package, beneath the spacecralft crew seats, monitors the condition of the
carbon dioxide absorber in the ECS. An eight cc/min sample of the heat
exchanger effluent is supplied to the COs sensor. After measurement the gas
passes into the compressor inlet. The concentration of COp is displayed on
an indicator in the cabin and is transmitted to the ground via the Gemini PCM
telemetry system. Within the detector the stream is divided into two sub-
streams. One, the reference stream, passes through a filter which removes
COp. The other, the measurement stream, feeds through a passive filter which
does not remove COp. Both streams then pass through identical ion chambers
that contain & small amount of radiocactivity which ionizes the gas. Since
CO2 ionizes more readily than 02, the ion current from the measurement stream
will be higher than that from the reference stream. The ion currents are
subtracted by the bridge circuit formed by the ion chambers, polarization
voltage sources and a high megohm resistor. The difference current flowing
through the high megohm resistor is proportional to the amount of CO2 in the
measurement stream.

This measurement technique and its associated equipment advanced the
state-of-the-art, and proved successful in the Gemini program. During the
mission simulator phase of the qualification program, the sensor did not
respond properly to COo in the presence of a high percent of water vapor.
The problem was eliminated by reducing the gas flow, thus reducing the water
vapor to a level that could be ebsorbed by the filter.

This device passed all other phases of the qualification test, and
provided satisfactory data on all Gemini missions.

PDA and PIA tests on the PCOp detectors revealed out-of~tolerance zero
shift and pressure sensitivity. This problem was eliminated by changing the
radioactive sources to an americium isotope. Subsequent testing showed in-
tolerance zero drift and pressure sensitivity.

Pulse Code Moduletion (PCM) Telemetry

This technique of data transmission utilizes digital (binary) coded pulses
to transmit the sampled data. After measurements are encoded, they are
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transmitted over a radio link to ground receiving stations. The PCM data
system is supplied by Electro-Mechanical Research.

Real Time Data Transmission System. - The Gemini data transmissiorn
system consists of:

A. A pulse code modulation subsystem.
B. A FM transmitter.
C. A spare FM transmitter.

The transmitters are arranged so that the spare unit may be used to
transmit real time data (in the event of real time transmitter failure), on
command from the astronaut or on command from the ground station digital
command system (DCS).

This system sampled & maximum of 368 parameters. The system will receive
and transmit:

A. 106 High level anaslog parameters 0O to+5V

B. 117 Low level analog parameters 0 to +0.020 V
C. 1 8 bit digital time word

D. 24 24 bit digital words

E. 88 Bilevel - one bit indications +24 Vorov
(on - off)

F. 32 Bilevel pulse - one bit +24 Vorov
(on - off)

The PCM system consists of a programmer, two high level multiplexers, and
three low level multiplexers. If the maximum system capacity is not required
for a specific mission, any or all of the remote multiplexers may be removed
without affecting the rest of the system. The parameter monitoring capacity
of individual system components is shown on page 1ll.1l of specificetion control
drawing 52-85713.

State-of-the~art construction and packaging techniques were used in the
construction of the first production models. The state-of-the-art of the
multilayer printed circuit board may have been advanced by solutions to the
problems encountered in the construction of programmer mother cards. The
state~of-the~-art for low signal level, solid state DC amplifiers was advanced
by the development of the amplifier-clamp and sample-and-hold circuitry.

The transmitter design advanced the state-of-the-art by development of
fully transistorized 2.5-watt transmitters, with adequate heat sinking of
components and without temperature-controlled components.

A typical production unit of each data transmission system (DTS) item
was subjected to the qualification environment specified for Gemini.
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A. Problem Areas Detected During Qualification Testing

B.

UNIT UNDER TEST

1.

2.

6.

PCM programmer

L.L. multiplexer
H.L. multiplexer

Low level
multiplexer

Low level
multiplexers
High level
multiplexers

Low level
multiplexers
High level
multiplexers

PCM programmer

Transmitter

TEST WHERE
PROBLEM
APPEARED

Iow
Tempersature

Tow
Temperature
and High
Temperature

Vibration

Humidity

Salt water
immersion

High

Temperature

FAULT

Data error as
a function of
temperature.

Cold solder
joints in
solder pins
of wiring
harness.

Lockwashers
did not hold.

Water collected

inside case.

Water seeped

into the case.

Transistor
failure.

CORRECTIVE
ACTION

Specification was
widened to accept
this error.

Wires were crimped
in pins.

Iock nuts were used
and epoxy was applied
to bolt and nut
assemblies.

Silicone rubber
compression gasket
was added to O-ring
seal.

Internal printed
circuit boards were

impregnated with a

resilient varnish,
connectors filled
with silicone
grease.

Redesign of output
transistor heeat
sink.

Major Problems Encountered with Delivered Data Transmission Systems

PART NUMBER

1. 52-85713-475 High offset on several
channels when multi~
plexer installed in
adapter location.

FAULT

CORRECTIVE ACTION

Low level amplifier fre-
quency response adjusted
to a control bandwidth
for noise elimination.



2.

3.

Se

7

9.

PART NUMBER

FAULT

High level Multiplexer

52-85713-387

52-85713-T7

52-85713-377

Erroneous resets encoun~
tered from noise on
control lines.

Inadequate counterdrive
and leakage encountered
in landing phase of
flight and difficulty
encountered in handling
multiplexers in space-
craft assembly area.

Water leakage encountered
in post-flight phase of
mission.

Data Transmission System

52-85713-63,
~65, =67 and
=69

PCM Programer

52-85713-283

52-85713-383

52-85713~483

Air leakage occurring
during exposure to
orbital environment
caused corona to
disable transmitter.

Noise on ground lines
caused high data error.

Leakage encountered in
progremmers used in
Spacecraft 3 flight.

Multiplexers were
erroneously reset by
noise on the control
lines.

Low Level Multiplexer

52-85713-85

Leakage occured during
salt water immersion.

CORRECTIVE ACTION

Diode quad inserted in
reset base circuit.

Decrease series resis-
tance in counterdrive
circuitry.

Redesign case to accom=~
modate cover holddown
sScrews.

Gasket formed in place
with RTV 891 silastic.

All seal screws and
connectors were coated
with epoxy sealing
meterials.

Changes grounding philo=-
sophy of shielded wiring
carrying control signals
to remote units.

Conformal coating seal
applied to the mother
boards and DC-4 grease
applied to connectors.
leakage test of all pro-
grammers initiated.

Increased the power
supply drive capability
and inserted new N gate
in reset drive circuitry.

Seal around lid was
improved.
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PART NUMBER

10. 52-85713-385,
485

11. 52~85713-75

12. 52-85713-375

FAULT

Vibration caused discon-
tinuity in internal con-
nectors.

Erroneous resets encoun-
tered from noise on con-
trol lines.

Difficulty encountered
in handling multi-
plexers in spacecraft
assembly area.

Inadequate counterdrive
and leakage encountered
in flight.

CORRECTIVE ACTION

Electronic circuitry was
encapsulated in
resilient potting.

Diode~-quad inserted in
reset emitter circuit
and in reset base
circuit.

Redesigned case to
accommodate cover
holddown screwse.

Decreased series resis-
tance in counterdrive
circuitry and improved

silastic gasket.

Delayed Time Data Transmission System. - The Gemini delayed time data
system consists of a tape recorder, a FM transmitter, and the spare FM trans-
mitter. The recorder accepts all low sample rate data from the PCM in the
RZ data form, converts it to a diphase signal, and stores it on magnetic tape.
When the spacecraft comes within RF range of a data handling ground station,
the recorder may be commanded to play back the recorded data, which is trans-
mitted to the ground station in the NRZ's data form. The transmitters are
arranged so that the spare unit may be used to transmit delayed time data on
command from the astronaut or on command from the ground station digital
command system (OCS).

The state-of-the-art was advanced in obtaining a bit-packing density of
2600 to 3000 bits/in. The art was advanced also by the mechanical handling
of the tape using negator springs to maintain tension between the reels and
using Mylar belts to prevent backlash of the tape drive mechanism.

A. Major Problems Encountered in the Tape Recorder - The tape recorder
qualification test revealed a severe problem with high frequency bit rate
stability when data was recorded while the unit was being vibrated.

Any vibration which is transmitted to the tape transport causes
flutter of the tape as it passes over the record head. Flutter causes the
data bits to be deposited unevenly along the tape. Since this recorder did
not use an output storage register, but played back directly from the tape to
the NRZ's converter, the output data string presented a bit jitter situation
which was not acceptable to the ground station decommutation system.

Spacecraft 6 and 7 experienced a stopped condition of the tape
recorders while operating in the normal orbital phase of the mission. Post-

flight investigation of both recorders revealed a frozen bearing in identical
locations in each of the recorders. The frozen bearing was failure analyzed
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and was determined to be an application and design fault, rather than a

bearing fault.

next to all bearings in the clutch mechanism.

The problem was solved by redesigning the shaft collar located

In Spacecraft 5 systems testing, drive belts in the tape recorders
broke, causing recorders to stop running after approximately 100 hr in opera-

tion.

The problem was attributed to the manufacturing process involved with

forming the belts from flat Mylar stock. This problem was corrected by

tighter quality control on the manufacturing process and by careful handling.

B. Tape Recorder Problems Detected During Qualification Testing

l. Tape recorder

Vibration

Thermal shock

Redesign of tape drive
system to employ dual
capstan drive, plus
addition of intermal
isolation mounts.

Reflective tape was
applied to cover.

C. Major Problems Encountered with Delivered DTS Tape Recorders

RECORDERS

1. 52-85713-31

2. 52-85713-35

3. 52-85713-37

4, 52-85713-41
-39

FAULT

Excessive Jjitter of data
recorded during vibration
environment (2 g random).

Internal. connection of
signal ground to power
ground fed noise back
into spacecraft grounding
systenm.

Vibration environment

(6 g) produced excessive
Jjitter on playback of
data.

Data formst prevalence of
zeros caused loss of sync
of ground station caused
by absence of transitions
used for sync lock.

Spacecraft 6 and 7 experi-
enced a failure of bearings

in the tape drive clutch
mechanism.

CORRECTIVE ACTION

Interim fix was to operate
recorder in high speed
record mode.

Isolated grounds within
the recorder and incor-
porate a floating power
supply.

Vibration isolation mounts
were installed within the
recorder case to separate
the tape handling trans-
port from the vibrating
case.

Recorder playback cir-
cuitry was modified to
provide NRZ's data format.

Redesigned the clutch
shaft and bearing
retainer.
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RECORDERS

5. 52-85713-339
~-341

6. 52-85713-4k1

FAULT

Mylar drive belt broke
after relatively few
operating hours.

Negator-spring not
adequately wound during
manufacture or during
one of the service
periods.

Clutch bearing froze
during normal operating
conditions in Space-~
craft 11 SST.

CORRECTIVE ACTION

TImproved the belt manufac-
turing procedure and
strengthened the quality
control of the belt hand-
ling practices.

Modified the test proce-
dures to include a pre-
flight checkout per RCA
Doc. No. 564-125, in
which the winding of the
negator-springs is
checked.

All recorders were

returned to RCA for new
bearings, and lubricated
with J-type oil prior to

prelaunch tests.
GUIDANCE AND CONTROL SYSTEM

The Gemini guidance and control (G & C) system consists of subsystems
which perform onboard navigation and attitude control of the spacecraft.
Fig. 16 presents a block diagram of the G & C subsystems.

Design And Development

The program objectives of long duration, rendezvous, and controlled
re-entry missions have placed special requirements on the spacecraft guidance
and control systems. These objectives required maximum reliability and
flexibility in the equipment. This was accomplished by utilization of simple
design concepts, and by careful selection and multiple application of the sub-
systems to be developed. The guidance and control subsystems and their
development problems are briefly described hereunder.

Inertial Measurement Unit (IMU).

A. IMU System Description - During initial evaluation of the Gemini
mission the inertial measurement unit evolved into equipment consisting of an
inertial platform, platform mount (including coldplate), system electronics,
and inertial guidance system power supply. Major requirements for individual

elements were:

l. Inertial Platform
a. All attitude freedom.
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INERTIAL MEASUREMENT COMPUTER SYSTEM

UNIT
ATM i MDIU
INERTIAL GUIDANCE SYSTEM
POWER SUPPLY =)
. SPACECRAFT
GIMBAL STATIC DIGITAL
CONTROL POWER ACPU COMPUTER
ELECTRONICS SUPPLY
SYSTEMS ELECTRONICS - ATTITUDE CONTROL AND
PACKAGE MANEUVER ELECTRONICS
ACE PACKAGE
INERTIAL PLATFORM —
OAME PACKAGE
PRECISION POWER
SUPPLY
X . RATE GYRO
% PACK AGE
ATTITUDE -
DISPLAY GROUP -—
POWER INVERTER
—
HORIZON SENSOR - HAND CONTROLLER
SYSTEM POTENTIOMETERS
COMMAND EXCITATION
ACE - ATTITUDE CONTROL EL.ECTRONICS TRANSFORMER
ACPU — AUXILIARY COMPUTER POWER UNIT

ATM - AUXILIARY TAPE MEMORY
vi —~ | NCREMENTAL VELOCITY INDICATOR

MDIU - MANUAL DATA INSERTION UNIT
OAME - ORBIT ATTITUDE AND MANEUVER ELECTRONICS

FIGURE 16 GUIDANCE AND CONTROL BLOCK DIAGRAM



b. Dual analog gimbal angle readout for pitch, yaw, and roll; one
signal to be a synchro output and one signal to be convertible to digital

representation.
c. Accelerometers to be compatible with digital rebalancing.

d. Capable of operation in space vacuum, with in-orbit turn on/off
and orbital alignment capability.

2. Platform Mount -~ Provide temperature control for the inertial
platform.

3. System Electronics - Provide eccelerometer rebalance loops to
receive accelerometer analog signals, compensate as required, and convert
rebalance current to digital representation for the computer.

Lk, Static Power Supply - Convert spacecraft bus power, as required,
to supply &all inertial guidance system components.

5. Gimbal Control Electronics -~ Contain all circuitry associated with
the gimbal servo loops.

B. IMU Development Tests - Aside from breadboard testing, developmental
testing was conducted on four engineering model IMU's, which were fabricated
and allocated as ESTU, CTU, CCTU, and HI test bed units.

1. Electronic System Test Unit (ESTU) - This IMU was used at McDonnell
in a spacecraft mock-up to evaluate system and electrical interface capability
“and to verify spacecraft wiring and test procedures. This system was also
used for dynamic analysis and astronaut familiarization.

2. Compatibility Test Unit (CTU) -~ This IMU was used at McDonnell in
a production prototype spacecraft to assess complete spacecraft compatibility.
The CTU tests included evaluation of coldplate performance, system/telemetry
compatibility, and system/aerospace ground equipment compatibility.

3. Configuration Control Test Unit (CCTU) - IBM used this IMU for
IGS integration and for developing equipment and procedures employed in produc=-
tion testing of IMU-computer integration.

i, HI Test Bed - This engineering model, allocated for use at
Honeywell, was used initially in functional and output signal verification
tests and for preliminary interface testing. It was used also in exploratory
environmental tests to evaluate thermal and vibration design capabilities.

C. IMU Problems Iocated During Developmental Tests

1. Static Power Supply (SPS) Problems ~ The problems which were
encountered with the static power supply are:

a. Computer DC Voltages ~ Computer loading introduced noise and
transients on the output voltages which caused malfunctions. This was cor=-

rected by raising computer DC volteges 3% which compensated for the poor static
set point on this section. Additionally, the Engineered Magnetics 1262 SPS
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- was modified for Spacecraft 2 to accommodate the auxiliary computer power

unit (ACPU).

b. Computer Section Leakage Voltages -~ Computer malfunctions were
caused by leakage voltages through semiconductor switches on the computer DC
lines during IMU turnon. The SPS. leakage voltage problem was corrected by
the incorporation of a relay into the computer 20.7 VDC line.

c. 26 Volt - 400 cps Section - Because of a power factor mismatch,
the 40O-cycle section performed out of specification when maximum 400-cycle
IGS loads were applied. The 40O-cycle section of the EM 1262 supply was
improved by incorporating & parallel inductor to tune the SPS to the load.

d. Cross=Coupling Between SPS Sections -~ Computer dynamic loading
on the power supply caused cross-coupling effects. Pulsating computer loads
caused & low frequency noise which was reflected back through the SPS, onto
the spacecraft bus, and back into the IMU and AC sections.

e. Power Supply Damage ~ Several power supplies were damaged by
low resistance loads on the output lines. The Engineered Magnetics 1262 SPS
design afforded overload protection for the application of hard shorts, but
for low resistance loads the SPS would overheat and damage power transistors
or cause them to fail.

For problems IV and V, EM 1262 SPS was modified to the EM 1262A
configuration which incorporated the following changes:

® The PWR frequency response was converted from 2400 cps to
15 KC and magnetic amplifiers were replaced with transistorized switching
circuits. These changes reduced dynamic loading and cross-coupling problems.

® The 400-cycle section components were selected to match the
load.

® Overload protection was added only for ground operations to
minimize the effects of inadvertent overloads and short circuits during ground
handling. The individual SPS sections were fused so that an in-flight short
would disable only the affected section. The 400-cycle section was modified
to incorporate an overload protection circuit with an automatic reset capa-
bility which remained in effect during flight.

2. Inertial Platform Problems -~ The problems which were encountered
with the inertial platform were:

a. Vibration Problems

® During low level (+2 g peak) sinusoidal vibration and random
(to 6.2 g RMS) vibration, excessive electrical lead breakage was experienced.
This was corrected by improving wire routing and by securely attaching circuit
elements.

® During subsequent low level sinusoidal vibration and random
vibration up to 12.6 g RMS, additional mechanical problems were encountered.
Also, excessive gyro drift rates and losses of gimbal reference were experi-
enced. Tests revealed that rotary components introduced weak spring constants
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into the gimbal support system, causing unequal spring rates across a gimbal.
These conditions resulted in inner gimbal motion with crosstalk and rocking.
Consequently, the rotary components were stiffened and the bearings were
changed to utilize higher contact angles and preloads.

® Under additional low-level sinusoidal vibration and random
vibration up to 12.6 g RMS the platform still indicated gimbal No. 3 loss of
reference, high gyro drift rates, and nonrepeatability of results. However,
structural integrity and performance through 6.2 g RMS were considered
acceptable.

b. Synchro Phase Shift Problem -~ Phase shift on the platform synchro
outputs introduced excessive deadband in the ACME control. The platform was
modified to include an inductance-capacitance phase shift network, which cor-
rected the phase shift from 15 degrees to 9 degrees.

¢. Slip Ring Problem - Problems were caused by slip rings which
intermittently opened. The platform slip rings had been noted earlier as a
possible problem area and funds were allocated at contract initiation for a
slip ring improvement program. This program was expedited and the improved
(Gemini~NASA) slip ring was incorporated in all platforms.

3. Gimbal Control Electronics Problems - GCE Problem with -30 VDC
Regulator - The GCE was exposed to a temperature of 50°F. At fast heat drop-
out all gimbals would break into +1 degree oscillations because of low current
gain in the =30 VDC reguletor, which would not turn on at low temperatures.
Since this output served as a supply voltage for the GCE rate and summing
amplifiers, the loop stabilization compensation was degraded and oscillation
resulted. The corrective action consisted of modifying the ~30 volt regulator
circuit.

4, System Electronics - Horizon Sensor Ignore Delay Problem - The
platform was driven out of alignment whenever the horizon sensor reacquired
the horizon after a loss-of-track condition. The System Electonics was
modified to generate a time delay upon a signal thet the horizon sensor had
regained track. The ignore relay was delayed in dropout for seven to ten sec.

D. IMU Design Problem

1. Gimbal Control Electronics = During predelivery acceptance tests on
the first production IMU, a gimbal oscillation problem occurred. The problem
originated from 400-cycle pickup from the spin motor appearing on the gyro
signal generator. Coupling resulted because of perpendicularity between
separate gyro input and output axes. Corrective action consisted of adding
a notch filter circuit in parallel with the summing amplifiers.

Attitude Control and Maneuver Electronics.

A. ACME System Description - The basic attitude control and maneuver
electronics (ACME) system consists of an attitude control electronics (ACE)
package, an orbit attitude and maneuver electronics (OAME) package, & power
inverter, and two rate gyro packages. In this discussion the command excita-
tion transformer and three hand controller potentiometers are included in the
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ACME system. The redundant rate gyro packages, along with the internal
redundancy of the ACE and OAME packages, provide a high system reliability
for prolonged missions.

1. Attitude Control Electronics (ACE) - The ACE package contains the
circuitry which translates input signals into thruster command signals. The
command signals, at the discretion of the astronauts, may be used to activate
solenoid valve drivers (SVD) in either the re-entry control system (RCS) or
the orbit attitude and maneuver system (OAMS).

The various modes of operation provide the astronauts with
specialized control for all phases of the mission. Modes of operation are:

a. Direct - A manual mode wherein switches in the attitude hand
controller activate the appropriate SVD's.

b. Pulse - Same as direct, except that ACE limits the thrust to
20 ms for each activation.

c. Rate Command ~ Combines astronaut commands from the hand
controller potentiometers with the rate gyro signals to provide position and/
or rate control.

d. Hor Scan - Utilizes position signels from the horizon sensor
to maintain the spacecraft pitch and roll axes relative to the horizon. Yaw
control is the same as in the pulse mode.

e. Platform - (Not used in Spacecraft 3 and 4.) An automatic,
closed~loop control mode that establishes thruster firing for all axes as a
function of both attitude signals from the platform and rate sign signals
from the rate gyros.

f. Re-entry Rate Command - Same as rate command mode, but control
is coarser and includes a roll-to-yaw rate cross coupling feature.

g. Re-entry - A closed-loop mode translates rate signals and the
computer roll signal into thruster commands to achieve the desired downrange
and crossrange impact point.

2. Orbit Attitude and Maneuver Electronics (OAME) - The OAME package
provides solenoid valve drivers for the OAMS attitude thrusters and for the
OAMS maneuver thrusters for Spacecraft 2, 3, and 4. ACE attitude thruster
commands and bias power activate the attitude SVD's; the maneuver SVD's are
controlled by the maneuver hand controller. For Spacecraft 5 and up, the
maneuver thrusters are directly controlled by the maneuver hand controller.

3. Power Inverter (PI) - The PI package is used to provide 26 VAC
when the IGS inverter is not energized.

4, Rate Gyro Package (RGP) -~ The RGP (two per spacecraft) contains
three orthogonally-mounted rate gyros and associated circuitry. Each gyro
within the package requires independent 26 VAC, 400 cps excitation and has
both a self-test torquer and a spin motor rotation detector (SMRD) for ground
checkout.

5. Hand Controller Potentiometer - The hand controller potentiometer

consists of three ganged sections. One section provides rate command signals
to ACME, another section provides an output signal to telemetry, and the third
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is not used. The attitude hand controller contains three potentiometers, one
for each axis.

6. Command Excitation Transformer - The command excitation transformer
steps down the 26 V, 400 cps to 15 V for excitation of the rate commend sec-
tions of the hand controller potentiometers.

B. ACME Development Tests - McDonnell performed the following tests on
ACME hardware:

1. Interface Breadboard (IBB) - The ACME IBB consisted of the circuitry
necessary to provide:

a. Proper loading for the attitude hand controller, horizon
sensor, platform, computer, and radar.

b. Generation of simulated rate gyro signals.

c. Complete selection of all ACME modes of operation. The ACME
IBB was interconnected with similar IBB's of the other guidance and control
equipment. No problems affecting the ACME were uncovered.

2. Electronic Systems Test Unit (ESTU) - The ESTU tests, while not
revealing any new ACME problems, did provide an excellent test bed to investi-
gate anomalies discovered in earlier phases of the Gemini program.

3. Compatibility Test Unit (CTU) - No ACME problems were uncovered
during the CTU testing.

k. Thermal Qualification - The CTU was subsequently redefined as
Spacecraft 3A and subjected to & thermal qualification test. The ACME
performance was satisfactory.

5. Dynamic Testing -~ ACME hardware from the ESTU and CTU programs
was used in three dynamic test programs:

a, Fixed base simulator.
b. Three-axis motion.
c. Air bearing table. ACME performance was satisfactury.

C. ACME Design Problems
l. ACE Package

a. Early testing revealed that the sensitivity of the half-wave
demodulator to harmonics and quadrature was such that the switching deadbands
converged when high attitude and rate error signals were summed. The problem
was resolved by incorporating a full-wave demodulator.

b. Due to the "breek before meke" mode switch in the spacecraft, the
selection of any mode except hor scan caused momentary spurious jet firing
pulses. A capacitor was added to the mode ACE logic circuit to prevent the

spurious pulses.
c. low temperature tests revealed that the minimum pulse generator
would not always turn off. A coupling capacitor was found to cause excessive
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attenuation of the turn-off signal. The problem was eliminated by increasing
the value of the coupling capacitor.

d. An analysis of the pitch axis hor scan mode operation revealed
that false thruster firings could be generated. This defect was eliminated
by using the horizon sensor "loss of track" signal to activate & mode logic
relaye.

e. Solder particles were found inside several Babecock power relays.
The problem initially was resolved by utilizing reworked relays. Later
package configuration used welded can relays.

f. It was determined that excessive bounce in the hand controller
switch could temporarily disable the single pulse generator input circuit.
The deficiency was eliminated by modifying the generator input circuit.

2. OAME

a. The Babcock latching relays failed to withstand prolonged dry
circuit operation. The replecement relay, manufactured by C. P. Clare, was
expressly designed for low current circuits.

b. Vibration tests revealed that additional support was needed for
the major trunks of wire harness. This was accomplished by the application
of RTV 7228.

¢. Solder particles were found inside several Babcock power relays.
The problem initially was resolved by utilizing reworked relays. Later
package configuration used welded can relsys.

3. Power Inverter - The susceptibility of other systems to transients
dictated the need for suppression of the output turnon transient. The suppres-
sion was accomplished by installing back-to-back zener diodes.

4, Rate Gyro - Life tests uncovered a bearing problem that caused an
unpredictable reduction in the gyro life span. The problem was solved by
switching to bearings with impregnated phenolic retainer rings.

5. Hand Controller Potentiometer

a. The potentiometer failed completely during the salt-~fog exposure
of the qualification testing. This problem was eliminated by sealing the
potentiometer.

b. Slight shifts in the deadband tap locations occurred during
qualification vibration testing., The tap deadband was wildened to circumvent
potential problems due to shifting. This relaxation has no measurable effect
on spacecraft operation.

Computer System.

A. Computer System Description - The computer system is comprised of the
spacecraft digital computer and supplementary equipment which consists of the
manual data insertion unit, the incremental velocity indicator, the auxiliary
computer power unit, and the auxiliary tape memory.

l. Computer =~ The spacecraft digital computer is a binary, fixed point,
stored program, general purpose computer that operates at a 500 KC arithmetic
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bit rate. It interfaces with the inertial platform, platform electronics,

IGS power supply, auxiliary computer power unit, manusl data insertion unit,
incremental velocity indicator, rendezvous radar, time reference system,
digital command system, data acquisition system, attitude control and maneuver
electronies, GLV autopilot, console controls and displays, auxiliary tape
memory, and aerospace ground equipment.

The computer provides the guidance and control outputs required for
the spacecraft during various mission phases.

The computer memory is a random access, coincident current, non-
destructive readout ferrite array, which has a 250 KC cycle rate. The memory
array provides for 4096 words of storage or 159,74k bits. All memory words
of 39 bits are divided into three syllables of 13 bits. Instruction words
(13 bits) are intermixed in all three syllables. Data words (25 bits plus
sign) are located in syllebles zero and one.

The operational computer program contains interleaved diagnostic
subroutines that permit malfunctions to be detected during operation. When
a fault is detected, a computer malfunction lasmp is 1lit on the astronaut's
control panel.

2. Incremental Velocity Indicator (IVI) - The IVI was designed to
provide a visual indication of the incremental longitudinal, lateral, and
vertical velocity components and the associated sign for each to be imparted
to the spacecraft by the maneuver thrusters.

The IVI has three digital displays with a range of 0-999. Each
display consists of three counters, which can be set automatically by knobs on
the front of the computer.

The IVI accepts two types of inputs from the computer:

a. Information Pulses - Each pulse corresponds to a one fps incre-
ment of spacecraft velocity.

b. Zero Set Pulses - A "zero set" pulse triggers 50 PPS fixed
oscillator in the IVI which drives the indicators to zero at the rate of
50 fps.

3. Manual Data Insertion Unit - The manual data insertion unit (MDIU)
consists of a manual data keyboard (MDK) and a manual data readout (MDR) unit.
The MDK inserts decimal numbers into the spacecraft digital computer. The
manual data readout displays address and data as a readout from the computer.
The MDIU can insert up to 99 words into the computer and display the same
number from it. All interface of the manual data keyboard is made with the
manual data readout, which in turn interfaces with the manual data readout,
which in turn interfaces with the digital computer.

4, Auxiliary Computer Power Unit (ACPU) - The ACPU operates in conjunc-
tion with the IGS power supply. It mainteins stable input voltages at the
digital computer during spacecraft bus transients and depressions to prevent
alteration of the computer memory. The ACPU contains a battery which provides
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regulated voltage to the computer converter within the IGS power supply during
spacecraft bus transients of 100 ms or less. The ACPU also sends a signal
to shutdown the IBM computer when the transient exceeds 100 ms.

5. Auxiliary Tape Memory (ATM) - The ATM operates in conjunction with
the spacecraft digital computer. It provides additional program storage for
the computer and can load the computer memory with any operational program
which is stored within it. The programs are stored on magnetic tape. Data
are transferred from the ATM to the computer under computer control with sum
checks and parity checks eliminating any erroneous data.

The ATM was first installed on Spacecraft 8.

B. Computer System Development Tests = During the development stage,
electronic systems test unit (ESTU) and compatibility test unit (CTU) tests
were performed on the computer system (excluding the ATM). The ESTU tests
included a mission simulation test to determine the operational compatibility
of the guidance and control, communications, telemetry, and sequenctial systems
by approximating the system combinations and sequences of events during a
rendezvous mission. No changes in the design of the spacecraft digital
computer were required as a direct result of the mission simulation test.

The CTU test program operationally verified each of the computer's
interfaces. During the computer/ACPU tests, a computer turnon - turnoff
oscillation was caused by normal ACPU operation in the presence of a critical
bus voltage which was affected by computer loading.

The corrective action for Spacecraft 2 was & wiring change in the
52-89723-7 ACPU, which disconnected the low voltage sensor from the spacecraft
bus and connected it to the "low voltage sense" output going to the IBM
computer.

C. Computer System Design Problems

l. Computer - No major problems were encountered during the qualifica-
tion testing.

2. IVI - Hardware changes resulting from design problems included
changing the switch stepping rates from 1 through 10 and 50 fps to 1, 2, 5, 10,
and 50 fps; increasing the rigidity of the case to improve sealing; and
incorporating new transistors to eliminate short circuiting.

3. MDIU ~ No significant design problems were encountered.

i, ACPU ~ Design problems included failure of the trickle charger
circuit and the high frequency oscillation under load. Both problems were
corrected by circuit changes. A modification was made to increase the
battery capacity.

S5« ATM - An excessive error rate was caused by insufficient write
current. The error rate was decreased to one-tenth of its former rate by
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decreasing the pole tip width and by modifying the write amplifiers to increase
the write current by 50%.

During prequalification vibration testing, the flutter tolerance
specification was not met. Subsequently, the tolerance specification was
increased. The vibration levels were reduced to meet the new requirements by
using brass flywheels and weights on the tape reels.

The first attempt to operate the ATM with the unit sealed and
pressurized with nitrogen failed due to electrostatic discharges which altered
the data read from the tape. The problem was eliminated by using a gas
mixture of 70% nitrogen, 20% freon and 10% helium.

Horizon Sensor System.

A. System Description -~ Each horizon sensor system consists of & sensor
head and an electronics package. The system establishes a spacecraft attitude
reference to earth locel vertical, and generates error signals proportional
to the difference between spacecraft attitude and the local earth vertical.

Attitude error signals are used to align either the spacecraft or the
inertial platform to earth local vertical. Two sensor systems are installed
on each spacecraft. The second system is redundant.

The horizon sensor system operates by receiving, detecting, and
tracking are infrared radiation gradient between space and earth. The system
employs infrared optics, infrared detection, and three closely related servo
loops. The sensor head contains equipment that scans, detects, and tracks
the infrared gradient. The electronics package contains the circuitry that
provides azimuth, and search or track logic signals to the sensor head, and
circuitry that provides attitude error signals to ACME and platform systems.

B. Horizon Sensor Development Tests - The McDonnell conducted system
interface testing (ESTU and CTU) provided the opportunity to modify the space-
craft wiring and the vendor supplied subsystems before a major spacecraft
problem developed. Problems which were uncovered in development testing
included radio frequency interference (RFI) susceptibility, susceptibility to
power transients, and interface incompatibility. RFI susceptibility required
modifications to the gpacecraft wiring (shielding) and to the horizon sensor.
A suppressor network was incorporated into the horizon sensor to eliminate
the effect of starting transients on the 26 VAC. The horizon sensor's output
impedance was reduced to make it compatible with th